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Romulus * Martian Aircraft 


Overview 


Despite die advances in technology that man has accomplished, a manned martian aircraft that 
can be used for scientific research of the Mars surface has yet to be accomplished 

a/«*1 &k>cb~ ^ 

Initially, Group #1 set out to design a Martian aircraft which would be used to collect samples 
from the ground for scientific experiments to transport men and material to distant sites. However, 
in trying to develop a martian aircraft that could land cm areas of Mars other than the home base, 
many obstacles were encountered which could not be overcome. Getting the plane off the ground 
under its own power was die biggest problem Group #1 faced and it forced the group to change the 
mission of Romulus. 

Therefore, it is the objective of Group #1 to cream a manned Martian aircraft which can 
perform: scientific surveys of particular sites distant from the base; a deployment of scientific 
instrument packages by air drop that land rovers cannot accomplish; and rescue operations. All of 
these missions require that Romulus fly bade to its home base after the mission is completed 

Since die aircraft will be operating in a Martian atmosphere, there will be some changes in the 


aircraft design as compared to a conventional Earth^irplane. The Mars atmosphere has a very low 
density which will reduce die dynamic prcssur^fea^by the aircraft Therefore, the aircraft will be 
operating in very low Reynolds numbers (Re) - approximately 100,000 as compared to values 10 


times that on Earth. Because of this large reduction in Re and the requirement for more lift , a 
wingspan of 44.01 meters will be necessary to produce enough lift for flight 

Designing the airfoil requires a wing which can operate within the low Re apparent on Mars. 
The final airfoil, NASA NLF (1) - 1015 was chosen over the intial airfoil because of its lower drag 
characteristics. 

As shown on the 3-D view, the design of the aircraft is comparable to a P-38 military airplane. 


Attached to the fuselage pod is a high wing device and the two booms extend from the high wing 
back to the horizontal stabilizer. 



In powering the aircraft, the initial design of using a combination of fuel cells and solar cells 
has been rejected. The plane now has only fuel cells to power the two propellers. 

Although enough power has been generated for cruise flight, Romulus cannot takeoff solely 
with the power from its two engines. Therefore, a rocket- assisted takeoff analogous to a glider 
takeoff is necessary to enable Romulus to liftoff. The rocket still acts as a pulling force, but this 
limits Romulus to landing and taking off only at the home base. 

Because more fuel cells were required to provide enough power for Romulus to fly, die initial 
design goal of 4250 Newton-Mars was not met The weights division then set a new design goal of 
5000 Newton-Mars that was met in the final configurations ( In the following reports, all weights 
and forces will be assumed to be on Mars). 

Structurally, Romulus has encountered no major problems, and in fact, the use of wood on 
some parts of the plane has greatly reduced the cost of the aircraft 

Based upon the results of Group #1 work, there appears to be no serious technical difficulty 
involved in operating Romulus on Mars. Although the design and creation of Romulus would be 
an expensive adventure, such a vehicle could be most useful in evaluating the Mars surface and in 
creating a habitat for mankind. 
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INITIAL SIZING DATA SUMMARY 


Gross Weight: 4250 N 

Wing Loading: 20.9 N/m^ 

Fuel Weight: 471.8 N 

Useful Load Fraction: Q 


Maximum Take-off Power 
Power Loading: 

Fuel Fraction: 



Geometry 
Ref. Wing Area 


203.2 ra 


AR - io 


Propulsion ■ 

Engine/Motor Type: Samarium-Cctoalt motor 
No. of Engines/Motors m 2 | 

P o /engine - 13.0 kw 

max | 

c p at cruise - 0.0484 I 


Aerodynamics 


Cruise; C r 


(k.) 

V D ' 
max 


.0252 

.8 

.6 

15.3 


Take-off; C L 
Cl 

L max 

Landing; C L 
C 1 

A max 




Cruise Performance 


h • 1.5 km 

v ■ 70 m/s 


1.6 
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DESIGN DATA SUMMARY 


Gross Weight: 5000 N-Mars 

Wing Loading: 25.8 N/m 2 

Maximum Fuel Weight: 472 n 
U seful Load Fraction: o.24 


Maximum Take-off Power 


Power Loading: 



2 £ kw 

\ 


Fuel Fraction: .0944 


Geometry 


Ref. Wing Area 
AR 


A 

X 


LE 


t/c 


193.81 m 2 
10 


0 ° 

.67 

.15 


Propulsion 


Engine Description: Samarium-Oobalt motor 


Number of Engines 
P Q /Engine 
Wei§ft$/Englne 
c p at Cruise 
Prop. Dlam. 

No. of Blades 
Blade Cruise R e 


- 2 

- 13.0 kw 

■ 56.4 N 

- .0484 

■ 7.5 in 

- 2 

•84,7008 tip 


Performance 
Cruise R e • 500,000 

Cruise h - 1 .5 km 

Cruise M ■ .31 

Cruise V - 70 m / s 

Take-off Field Length 
Take-off Speed 
Landing Field Length 
Landing Speed 
Maximum Landing Weight 

OEI Climb Gradient (*): 

2nd Segment 
Missed Approach 
Sea Level (R /C ) ffla x 

Stability and Control 
Static Margin Range 
Acceptable C.G. Range 
Actual C.G. Range 


Aerodynamics 

Airfoil: jjasa NLF(1)-1015 
High Lift System: plain flaps 


- 892 m 

- 53.5 m/s 

■ 676.6 m 

■ 49.6 m/s 

- 5000 N 


“ -3.09 % 

■ N/A 

- Can't be done 

■ 1.16 m/s 


Cruise; 


0 

°L 


< L/ W 

Take-off; C^ 

Cl, 


max 


Landing; C L 


max 


.0282 

.8 

.6 

14.3 

.6 


1.4 


1.78 

1.78 


* .1 (m) to .617 m 
- .3925 forward of a.c.; 

■ .2850 forward of a.c.; 


.1245 aft of a.c. 
.0005 aft of a.c. 
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AERODYNAMICS 
Daniel T. Jensen 
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As with other aspects of this mission, the aerodynamic requirements of the 
proposed Mars airplane are quite challenging. Of primary importance is the unusually low 
Reynolds number (for this plane, Re * 500,000) at which the aircraft will operate. On 

Earth, applications for airfoils optimized for this Reynolds number are quite limited; 
Reynolds numbers in this range are usually found only with birds and model aircraft. 
Research into this flight regime has been understandably sparse. 

With today's level of technology, it is normal to size and configure the aircraft prior 
to selecting an airfoil. Additionally, airfoils are usually created and optimized far the 
particular design. Design studies with similar mission profiles have taken this approach. 1 

For this aircraft, since design of an optimized airfoil was beyond the scope of the 
project, airfoil selection was done early in the design process. Airfoils optimized for flight 
at very low Reynolds numbers were compared; the NASA NLF(1)-1015 was selected. 
While other airfoils had similar maximum lift coefficients and drag characteristics, the 
NASA airfoil is unique in that it has been designed to maximize natural laminar flow over 
the chord at design Reynolds numbers. For this airfoil, upper-surface separation is 
controlled through the use of a "separation ramp". The ramp limits flow separation to a 
small area near the trailing edge. This is especially helpful with the large chord present on 
this design. Sectional data for the airfoil are presented in Figure 2-1. Because elliptical 
loading has been assumed, the sectional lift coefficient can be assumed to be equal to die lift 
coefficient for the wing. Lift curves for take-off, cruise and landing are presented in Figure 
2-2. The aircraft takes off conventionally without flaps. The lift curve is thus identical for 
take-off and cruise. 

The ruling factor in the configuration was simplicity of design. For the mission 
description used, it was felt that the simplest and most conventional design would probably 
also be the most reliable and best Because of the large wing area required, a high-wing 


; 
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design was chosen. This allows the top of the planform to interact freely with die incident 
freestream and facilitates placement of control surfaces and high-lift devices. Lastly, the 
wing itself must be relatively high off the ground to allow for propeller clearance. This 
configuration therefore makes cabin access much easier. The conventional aft tail is 
connected by two booms. Because interior cabin space is minimal, die cabin itself fits 


entirely under the wing. The booms are used to allow a conventional tail with minimal drag 
and weight penalties. 

Wing design was certainly challenging. Initially a suing exercise was done using 

/ 

^ /Lift^ l/2x(density)x(velocity squared)x(surface area)x(lift coefficient)?) Target gross 

weight was used as the required lift at cruise and cruise lift coefficient was set at 0.6. This 

was done to compare required wing area versus cruise speed. After selection of die cruise 

speed, the next step was providing the requisite wing area most efficiently. In die wing 

design process, minimization of span was given high priority. Because the plane must fit 

into a small spacecraft compartment for transport to Mars, span had to be kept as low as 

possible. For this reason, an aspect ratio of 10 was selected. At die choaen cruise speed of 

70 meters per second, the required wing area is 193.81 square meters. This converts to a 

span of 44.02 meters and a chord length of 4.93 meters. Between the boomsTdieli4ng 


section has a rectangular planform. Outboard of the booms, the wing tapers to 67% of 
chord. This makes the lift distribution much more elliptical and causes the stall onset to 
move outboard. Because tip stall is not desirable, a 3 degree washout twist is incorporated. 
The wing has 3 degrees of dihedral and is mounted at an angle of -2 degrees to provide 

"7 

(1evelflight>at cruise. 

Selection of cruise speed was a compromise between conflicting inputs. For the 
mission profile, a moderate flying speed is mandated by the rate at which data can be 
collected and transmitted by the equipment aboard. 2 Additionally, speeds past 70 meters 
per second must take compressibility effects into account and require added power. 



However, faster speeds decrease required wing area, which is certainly desirable. The 
design velocity was thus set at 70 meters per second as best satisfying the inputs. 

A drag decomposition on the design has been completed. Its results are presented 
in tabular form in Table 2-1. As expected, drag of the wing is dominant, followed by drag 
of the fuselage. Complete polars are presented for take-off, cruise and landing in Table 2-2 
amd Figure 2-3. 

Aerodynamically, further refinements are both possible and desirable. These would 
best be done with a scale model in a wind tunnel. It would not be economically sound to 
send anything but an optimum aircraft the millions of miles to Mars. 


1 Marie D. Maughmer and Dan M. Somers, "Design and Experimental Results for an 
Airfoil for a High- Altitude, Long-Endurance, Remotely Piloted Vehicle," The Pennsylvania 
State University, University Park, PA. 

2 Developmental Sciences, Inc., "A Concept Study of a Remotely Piloted Vehicle for 
Mars Exploration," City of Industry, CA, 1978. 
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CRUISE DRAG COEFFICIENT BREAKDOWN 


Component 

Cdo 

Eason 

Wing 

.0150 

53.20 

Fuselage 

.0069 

24.50 

Twin Booms 

.0034 

12.10 

Tail 

.0011 

3.80 

Trim Requirements 

.0009 

3.20 

Interference and Gap 

.0005 

1.80 

Miscellaneous 

jxm 

..L40 


. 0282 

100.00 


Tablfc— 2=2 

FOR CRUISE (CLEAN) CONFIGURATION, 


C D » .0398C l 2 - .0008 Cl + .0282 

FOR TAKE-OFF CONFIGURATION, 

C D = .0398Cl 2 - .0008Cl + .0390 

FOR LANDING CONFIGURATION 


C D * .0398Cl 2 - .0008Cl + .1514 



FIGURE 2-1 

COMPARISON or THEORY AND EXPERIMENT 

NLF(l)-1015 R= 500,000 



008 .012 .014 .020 .024 
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C t VERSUS 



ANGLE OF ATTACK 
(DEGREES) 


a 



(a) 






(■*0 ) 1N3I3I<M303 Xim 


0.09 0.12 0.15 0.18 0.21 0.24 

DRAG COEFFICIENT (C„) 



PERFORMANCE : 


Ken Maikuson 


Data Used; 


Weight of Aircraft * 
Oswald's Efficiency Factor * 
Wing Area- 
Aspect Ratio- 
Maximum Lift Coefficient * 
Parasitic Drag Coefficient * 
Change in Parasite Drag 
Coefficient Due to Stall - 


5000 (Newtons) 

.8 

193.81 (Meters Squared) 
10 
1.4 
.0282 

.008 


The performance results have changed appreciably since the preliminary de sig n 
report The self-powered take-off has been abandoned for a rocket assisted take-off. This 
type of take-off decreased the need for large amounts of excess power. A rocket assisted 
take-off was used because of die weight problems associated with the large amounts of fuel 
cells needed for take-off and the increase in the weight of the structure. The rate of climb 
for this final report would therefore be about one quarter that of the preliminary design 
report This lack of excess power lead to a critical condition with one engine inoperative. 

This aircraft would be unable to complete a missed approach and it would also be 
unable to hold any altitude with one engine inoperative. The aircraft would descend with 
one engine inoperative, but at a very slow rate, ft would take approximately 36 minutes to 
descend to sea level from 1500 meters and would cover approximately 115.5 kilometers. 



This would give the pilot entj^hf tim fr to get back to base or to find a suitable landing 
spot. 

The new airfoil that was chosen by the aerodynamics section gave a lower power 
required at each altitude and flight condition. But the overall power required was higher 
because of the increase in the weight of the aircraft. Figure 3-1 presents the power 
required and power available at sea level. Power available was obtained from the 
propulsion section. It also presents the stall speed and the increase of power required 
needed close to the stall speed due to the increased drag at stalL The one engine inoperative 
power available curve was not shown because it fell below the scope of the graph. Figure 
3-2 gives the same data but at the cruise altitude off 1.5 kilometers. All these calculations 
were obtained by using an electric engine with all products retained so that there was no 
change in weight throughout the flight 

Figure 3-3 shows the level flight performance envelope. The left side of the figure 
depicts the stall velocity at several different altitudes. The middle line presents the v/r^oc 
maximum excess power at the same altitudes. The airspeed corresponding to die 
maximum rate of climb occurs at about 55 meters per second. The right line depicts the 
maximum velocity possible at each altitude due to the propulsion limitations. Where these 
graphs intersect would give the maximum ceiling of the aircraft. This maximum altitude 
occurs at approximately at 2800 meters. Figure 3-4 gave die same results using a different 
method. Plotting the maximum rate of climb versus the altitude also gave a maximum 
altitude of about 2800 meters. 

These graphs were used to determine the complete mission profile characteristics. 

The maximum rate of climb at sea level was 1.16 meters per second. The time to climb to 
cruise altitude was calculated at approximately 36 minutes. Down field range during climb 
was calculated at approximately 122 kilometers. The rate of descent was determined to be 
approximately 2 meters per second at cruise altitude with power off. The time to descend 
from cruise altitude to sea level was calculated at 12.63 minutes with power off. Down 
field range was calculated at approximately 42 kilometers for descent. A power off 



descent was chosen to save battery charge and because a long, smooth, controllable 
descent was achieved without power. This leaves a total maximum cruise time of 
approximately 7 hours. This time includes approximately 10 minutes for take-off and 
landing including taxiing time. This maximum cruise time of 7 hours would give a 
maximum total cruise range of 1769 kilometers. This gave a maximum total range of 1933 
kilometers. All these results were based on a maximum pilot endurance of 8 hours. 

These results show a slight decrease in the performance calculations from the 
preliminary design report For example the range was decreased by about 100 kilometers. 
If the weight of the aircraft could have been decreased and if mote fuel cells could have 
been used then this aircraft would have beat able to take-off under its own power. It 
would have then been able to climb out at a much faster rate because of the increase in 
excess power. This aircraft still has relatively good performance characteristics with this 
low excess power. Only 13 percent of the total flight time was used for climb and 
descent, this would leave ample time to perform the scientific studies. 




















POWER & PROPULSION 


Norman Knapp 

The conditions on Mars present unique problems for the propulsion system of a Mars 
Airplane. Due to the low percentage of oxygen in the Martian atmosphere, either a 
monopropellant fuel must be used or the fuel oxidizer must be carried within the aircraft 
However, combustible fuels may be neglected altogether in favor of sources of electrical 
power. Early in the design process, electric propulsion was considered advantageous in 
that the problems and costs involved with procuring expendable propellants for each flight 
were overcome. An aircraft powered by solar cells or fuel cells could be ready for use 
every other Martian day. The following design was originally based on an aircraft powered 
by a combination of solar cells and fuel cells. However, a comparison of the two types of 
power systems indicated that fuel cells had a greater energy-to-mass ratio. Thus, the final 
design is powered exclusively by fuel cells. An overview of the power and propulsion 
systems is given in Table 4.1. 

Power System: Hydrogen and Oxygen Fuel Cells 
Hydrogen and oxygen fuel cells were chosen as the sole power source for the Romulus 
Aircraft because they are characterized by the relatively high energy-to-mass ratio of 3.69 
kW-hr/kg. A realistic cell efficiency of 80 percent reduces the ratio to 2.95 kW-hr/kg [1]. 
The energy-to-mass ratio of solar cells depends in part on the cell efficiency and the area 
covered by the cells. The Romulus has a total wing and horizontal tail area of 226 m 2 with 
control surfaces covering 17 percent of this surface. Assuming that the remaining 188 m 2 
of the wing could be covered with solar cells having an 18 percent efficiency and that the 
mean solar flux at the Martian surface is 590 W/m 2 [2], solar cells could provide the aircraft 
motor or engine with approximately 20 kW. Using silicon solar cells with a surface 
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density of 0.414 kg/m 2 and a total mass of 78 kg, an eight hour flight would place the 
energy-to-mass ratio of the cells at 2.05 kW-hr/kg, well below the ratio for fuel cells. 

There are two additional drawbacks to the use of solar power arrays. First, the 
available area on die wings and horizontal tail is not sufficient enough to carry solar cells to 
provide the total power necessary to operate the aircraft An additional source of power 
would be required. Second, the solar flux of 590 W/m 2 represents a maximum. The actual 
solar power incident on the solar arrays would be less and would vary from hour to hour. 

The combined weight of the fuel cell reactants is 472 N. This value is set by power 
requirements and system efficiencies which are discussed below. The hydrogen is stored 
in gaseous phase under elevated pressures and weighs 52.8 N. The oxygen is also 
gaseous and weighs 419 N. The reactants are stored in tanks underneath and behind the 
cockpit. Once they are combined in die actual fuel cells, the water that is produced is stored 
in a tank in the fuselage area. When the aircraft has returned to its home base, the water 
will be separated by means of electrolysis into hydrogen and oxygen for use on future 
flights. Power for the electrolysis process will be supplied with ground based solar arrays. 

In addition to the weight of the reactants, the weight of the fuel tanks and fuel cell 
accessories must also be considered. Using Table 13 from reference [1] and assuming a 
reduction in weight due to future advances in lightweight materials, fuel cell accessories 
and tanks will have a weight of 205 N. The volume of each of the holding tanks are as 
follows: hydrogen, 0.90 m 3 ; oxygen, 2.00 m 3 ; water, 0.13 m 3 . It is important to note 
that considering the additional weight of fuel cell accessories and tanks, the energy-to-mass 
ratio for fuel cells is 2.05 kW-hr/kg, a value equal to the ratio for solar cells. Fuel cells are 
s till favored, however, due to the drawbacks for solar cells listed above. 

Power Available and Required 

Power available data for vaiying speed and altitude conditions is listed in Table 4.2. 
This data was obtained using the physical characteristics of the propeller and Figures 4. 1 


4-2 


and 4.2. Power required data for the same conditions is listed in the performance section. 
The maximum power available for the propulsion system is set at 26 kW and corresponds 
to 80 m/s flight at an altitude of 1200 m. This sets the fuel cell maximum fuel flow rates at 
1.75 kg/hr for hydrogen and 13.9 kg/hr for oxygen. However, the aircraft will usually be 
operating with lower power availability and lower fuel flow rates For the cruise condition 
of 70 m/s at 1500 m altitude, the power available for the propulsion system is 24.88 kW, 
and the fuel flow rates are 1.66 kg/hr for hydrogen and 13.2 kg/hr for oxygen. For the 
climb condition of 55 m/s at ground level, the power available is approximately 25 kW and 
die fuel flow rates will be similar to the cruise condition. 

With a maximum power available of 26 kW for the propulsion system and a minimum 
electrical system power available of 0.50 kW, system efficiencies (gearbox, propeller, and 
motor) require that the fuel cells provide a maximum of 46.25 kW. The electrical system 
power is used to operate two sets of systems: scientific instrumentation located in the cargo 
area and aircraft avionics. These systems will each require approximately 0.10 kW. 

When the aircraft is in take-off mode, it will be propelled by external means and will 
not be using its own propulsion system until it lifts off the ground. Shortly after take-off, 
the power available will correspond to the climb condition. As for the landing procedure, 
the aircraft's propulsion system will be shut down at cruise altitude and the plane will glide 
down to the runway. The purpose of the glide is twofold. First, the time for descent is 
decreased as opposed to powered flight. Second, a savings in power is achieved. At any 
point during the glide the propulsion system could be reactivated in order to effect 
maneuvers. 


Motor. Gearbox, an d Controller 

The Romulus Aircraft design incorporates two propeller/motor propulsion systems 
located on the wings. Each propeller is linked through a gearbox to a samarium-cobalt 
magnet rotor motor which is a derivative of a design listed in reference [3]. Each of these 
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powertrains is monitored by an electronic controller which is able to analyze conditions and 
set the propeller rpm in order to maximize efficiency. The total weight of each propulsion 
system including propeller, motor, gearbox, and controller is 271 N. 

The rare-earth motor was chosen due to its high reliability and relatively low mass. 
Each motor weighs 56.4 N and has an average efficiency of 87 percent [3]. Each gearbox 
is of the planetary type and weighs 47.0 N. The average efficiency Of the gearbox is 95 
percent. Each controller weighs only 18.8 N. The controller is located alongside the motor 
while the gearbox is located between the motor and the propeller hub [4]. 

EtflBCllfil 

The system propeller is based on the 5868-9 propeller with a Clark- Y section and 
consists of two blades. Figures 4.1 and 4.2 refer to this propeller and plot speed, power, 
and torque coefficients versus various physical properties of the blade such as blade pitch, 
efficiency, and advance ratio. The propeller design for the cruise condition was based on a 
advance ratio, J, of one. This value allowed for a reasonable blade pitch and high 
efficiency while maintaining a propeller tip Mach number of less than one. 

The blade pitch of the propeller at the three-quarter radius point is 25 degrees. Each 
propeller has a diameter of 7.5 m, an efficiency of 86 percent, and a weight of 150.4 N. 
When the aircraft is at cruise conditions, the propeller operates at 556 rpm which allows for 
a tip Mach number of 0.95 and a tip Reynold's number of 84,700. The propellers rotate in 
opposite directions in order to avoid instabilities. A final characteristic of interest is the 
ability of the system to lock the propellers in a horizontal position during take-off and 
landing procedures. This is accomplished with the use of a locking mechanism located in 
the gearbox. 
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TABLE 4.1 : POWER & PROPULSION PARAMETERS 


POWER SYSTEM: HYDROGEN A ND OXYGEN FUEL CELLS 


Energy Density 
Efficiency 

Maximum Stored Power 

Maximum Propulsive Power 

Minimum Electrical System Power 

Weight of Components 

Hydrogen 

Oxygen 

Accessories 

Volume of Fuel and Water Tanks 

Hydrogen 

Oxygen 

Water 


POWER TRAIN 

Samarium-Cobalt Motor (2) 

Weight 

Efficiency 

Maximum Rated Power 

Planetary Gearbox (2) 

Weight 

Efficiency 

Electronic Controller (2) 
Weight 


3.69 kw-hr/kg 
80.00 % 

46.25 kw 
26.00 kw 
0.30 kw 
676.80 N 

52.80 N 

419.00 N 

205.00 N 


0.90 m 3 
2.00 m 3 
0.13 m 3 


56.40 N 

87.00 % 

16.00 kW 


47.00 N 

95.00 % 


18.80 N 


5868-9 Clark-Y Section Propeller (2) 


Weight 

Diameter 

RPM at Cruise Conditions 
Blade Pitch Angle (0.75 R) 
Efficiency 
Number of Blades 


150.40 N 
7 . 50 m 
556.00 rpm 

25.00 degrees 

86.00 % 

2 
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STABILITY AND CONTROL 


OREO MALONEY 


GROUP*! 


Although the Romulus aircraft may be aerodynamically sound and be able to produce enoufgh 
power for flight, it must meet several stability requirements to be safely controllable and 
maneuverable during climb, level flight, and landing. In order to achieve this Romulus must be 
longitudinally, directionally, and laterally stable. 

According to Professor Sivier, a reasonable value for the ratio of the horizontal tail area to wing 
area is .20. Due to the large chord and wing span associated with Romulus, a ^ oores ^ondingly 
large tail span is also evident - 18 meters. Initially, a larger rectangular horizontal tailspan was 
chosen, but the weight of the tail was so big that it caused the plane to be tail heavy. Therefore, the 
tail has been tapered and its span was reduced to lower the weight of the plane. Also, the 
horizontal tail section was changed from a Wortmann FX 63-137, to a NASA-NLF(1)-1015 in 
order to give the plane better drag characteristics (Reference 1). 

A negative tail incidence angle was chosen for Romulus to ensure that a down force is applied 
on the tail and thus to allow Romulus a more effective lift Fortunately, the wing incidence angle is 
less negative than the tail incidence angle so that the wing will have a higher effective lift 

Despite a stabilizing effect from the dihedral angle for the rolling moment due to sideslip, the 
horizontal tail was not inclined because it provided more beneficial effects for longitudinal stability 
at zero dihedral angle. 

Th^ve^al tails were also selected according to Professor Sivier’s recommendations. The two 
tails were designed to have a total area equal to .13 of the horizontal^) area. Once again, the 
tails were tapered so as to reduce weight and to create a more nose heavy plane. (An 
excellent picture of what the tails look like is shown in the 3-D view). In early design 


? 


configurations, an error was made in choosing the vertical tail sections to be identical to the wing 
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section. Vertical tail sections should have t symmetrical design so that no negative angle of attack 
will be produced. Unfortunately, the airfoils used for the wing are cambered and give this 
unwanted result Therefore, the NACA 0009 airfoil was chosen to prevent this occurance 
(Reference 2). See Figure 5-1 to get a better idea of what is occuring at the vertical tails. The 
Aspect Ratio for the vertical tails are operating at a much lower value than for the wings because of 
the small areas involved. 

In order to determine an acceptable center of gravity (c.g.) range to satisfy longitudinal stability 
and trim requirements in ground effect (IGE), the neutral point location must be calculated. With 
IGE, the c.g. will decrease and this results in a larger Static Margin range (S.M.). S.M. is the 
dimensionless distance between the c.g. and the neutral point (See Figure 5-2). See Figure 5-3 to 
understand how IGE affects the plane. By increasing the S.M., Romulus will become a more 
stable plane. The c.g. most forward limit is located .3925 meters in front of the aerodynamic cento 1 
of the wing (a.c.). The most aft c.g. limit is located .1245 meters in back of the a.c. of the wing. 
The result is a plane which has positive static stability (See Figure 5-4). 

After the horizontal and vertical tail sizings have been completed, the stability and control 
requirements at takeoff, cruise, and landing can be calculated. In determining the longitudinal and 
directional stability, the horizontal and vertical tail sections were designed to be big enough so that 
the control surfaces could be placed onto these sections. The elevator and the rudder are the control 
surfaces which provide the necessary longitudinal and directional stability respectively. Ailerons 
provide die necessary deflection for rolling the plane and are involved with the lateral stability of die 
plane. The sizes of the control surfaces are described in Figure 5-5b. Although Professor Sivier did 
not suggest any reasonable values for the sizings, Reference 5 gave some fairly common sizes and 
they woe tailored to die plane's design. The 3-D view shows die control surfaces and how they are 
dimensioned according to the plane. Figure 5-6 shows an excellent description of how the control 



surfaces work and what they produce. 

* Tabulated results for the following are found under die Addendum * 


For takeoff rotation, sufficient longitudinal control power is needed to lift the nosewheel at .9 of 
die takeoff speed with die c.g. at die forward limit An elevator deflection of 6° is needed because 
the plane itself has a restoring moment that wants to keep the plane at equilibrium. By applying the 
elevator deflection, the plane can lift off with the help of the pitching moment (Figure 5-5 shows a 
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typical deflection). Romulus has enough elevator control to lift-off. Even though Romulus is not 
using a conventional takeoff, die rocket-assisted takeoff still acts in the same way by pulling the 
aircraft - analogous to a glider takeoff. 

Another problem which may cause problems for Romulus is if one of its two engines shuts 
down during the takeoff. After the rocket has successfully given the plane enough power to lift, the 
propellers will immediately start to rotate. Although the performance section has shown that the 
plane cannot hold altitude with one engine out (OEI), the plane can still be held in a straight path 
with sufficient directional control. The rudder supplies directional control and produces a yawing 
moment around the z-axis that will counteract the drag produced by the inoperative engine. Since 
Romulus has two tails, the rudder deflection must total 14° (7° on each) to account for the drag with 
OEI at .9 of the takeoff speed - well below the rudder maximum deflection of 30°. See Figure 5-7. 
Romulus must also meet the more difficult requirement of maintaining straight flight with no more 
than .75 of the available directional control power and no more than 5° of bank with the engine 
failed at 1.10 times the takeoff speed. The rudder deflection produced by Romulus is 9.3° on each 
vertical tail - below the maximum rudder deflection again. With the rudder deflected to balance the 
yawing moment of die engine, a side force is produced that must be counteracted by rolling the 
plane less than or equal to 5°. This rolling gives a component of weight along the y-axis that can 
then counteract the rudder sideforce. 


In a coordinated turn, die ailerons and the rudders need to be deflected. Because the higher ^ 

wing has more drag when a plane is rolled, it causes an adverse yaw which needs to be corrected bj^ . ‘ 
deflecting the rudder. Romulus met the requirement of sustaining a 30° banked and coordinated ^ 
turn at cruise speed and altitude because the sectional wing lift coefficient of .470 is much less than S ^ 


the maximum sectional lift coefficient of the wing. In other words, the lift required to generate the 
turn is less than the maximum lift of die wing. 

The next step for Romulus was to develop a bank angle of 30° in two seconds after the controls 
are applied. During this maneuver, the ailerons are applied to determine the roll response. 

Romulus was able to meet the specifications, and in fact, Romulus was able to perform the 
maneuver in 1 second. 


if 


* 


Although Romulus will be flying with power off during the landing approach, the aircraft will 

still be able to stall just before landing. In effect, Romulus will be gliding into the base with wings 
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level ; the plane itself will be losing altitude. With the c.g. at the forward limit, Romulus only 
needs an elevator deflection of -2.0° on each elevator. The elevator deflection is so small because 
the tail incidence angle is already negative. Since die tail angle is negative, a down load on the tail 
is produced, and thus an effective lift on the wing is produced. 

In the event that Romulus encounters a cross wind landing, it must be able to produce a 
sufficient directional control so that a steady sideslip angle of 10° is developed. A sideslip angle 
creates a yawing moment Fortunately, die rudder deflection is 1 1° on each rudder so that this 
requirement is met (8° below the maximum rudder deflection). 

Using no more than .7 5 of the lateral control power (ailerons), Romulus is still able to maintain 
wings level flight in a full-rudder sideslip. 

In covering the stability and control requirements, Romulus managed to pass all of the 
specifications. However, this does not mean that the initial values were used throughout the design. 
The stability of the plane depended heavily on die aerodynamics and weight of die plane. Changes 
were constantly being to accomodate the c.g. locations given by the weights division. In the 
final design, the horizontal and vertical tails were reduced to accomodate die structures and weights 
divisions. 
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STRUCTURES 

Ron Dunn 

Structures Overview 

The Romulus structures group tasks for developing a Martian 
based aircraft were five-fold. The first task was to determine the 
wing 

^loading, shear, torsional moment (about the elastic axis), and the 
bending moment diagrams for the flight condition which is design 
determining. Second, a wing loading, shear, and bending moment 
diagram for the maximum gross weight on the ramp. Third, a 
discussion of the various materials used and how the Weights and 
Balance group influenced the decisions. Fourth, a discussion of the 
methods used to size the Romulus wing. Finally, the airframe 
structural layout including specialized take-off and landing 
components developed by the structures group. 

Structural Analysis of In-flight Conditions 

Romulus will have level flight wing loading of 25.8 N/m^. This 
corresponds to a maximum wing loading of 129.1 N/m^ under the 
maximum allowable load of 5g's. The aircraft will experience a 
maximum 5g torsional moment at the root of 15,595 N*m and a 
maximum 5g bending moment of 5422 N*m also at the root. 

Figures 6-la, 6-lb, and 6-lc illustrate how the wing loading, shear, 
and bending moment behaves along the span in level flight. 

Figures 6-2a, 6-2b, and 6-2c will be explained in the ramp section. 
Torsion as a function of span is depicted in figure 6-3. 
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Obviously, it is the 5g values which yield the most critical 
information. With a safety factor of 1.5 built in, it was necessary 
to find materials which could easily withstand the inflated values of 
shear and moment which a high-g manuver induces. The Romulus 
structures group have accomplished these goals and the details will 
be discussed shortly. 

Structural Analysis of Ramp Conditions at Maximum Gross 

mm u 

A si mi liar analysis to the previous section was performed for 
ramp conditions. The only differences considered were the lack of 
torsion and the addition of the effects of the extended landing gear. 
Figures 6-2a, 6-2b, and 6-2c illustrate wing loading, shear, and 
bending moment as a function of span. Naturally, the maximum 
values of shear and moment had to be analyzed so that some type 
of failure, such as creep, would not occur while being stored on the 
ramp. Since this type of failure is beyond the scope of this group 
and the magnitude of values did not intuitively seem excessive, it is 
assumed that ramp conditions are not inherently dangerous. 
However, in the interest of safety, a stress relieving storage system 
will be deployed during long term storage. The details of this 
system can be found in the Maintenance section of this report. 

Materials Selection 

The key selection parameter in the choice of materials was 
weight. Table 6-1 shows the density of the materials selected for 
Romulus. 
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Material 



Density (N/mS-I Yield Strength 

=? 


GR(HMS)EP (0/45/90) 5569.9 240 

(Ref. 1) 

A1 (2219-T857) 9313.5 57 

(Ref. 1) 

A1 7178 9313.5 88 

(Ref. 2) 

Spruce 1369.7 61 

(Ref. 3) 

Birch plywood 2556.6 64 

(Ref. 3) 

Kevlar-49 79.3 180 (Ref. 


4) 

Table 6-1. Densities of Romulus materials. 

With the advent of composite materials it is not surprising to see 
such materials as graphite/epoxy and aluminum alloys as primary 
materials. Since high strength and stiffness is required for spars, 
graphite/epoxy with its 4.8X10* 1 N/m^ modulus will be the 
material of choice for the spar. Romulus will have tubular spars 
manufactured by wrapping preimpregnated carbon/epoxy strings 
in helical layers on a varying cross-section aluminum tube. The 
composite will then be cured followed by chemically etching out the 
aluminum. 

While very few materials can match the structural integrity of 
graphite/epoxy and aluminum, wood also has significant structural 
benefits. Spruce, a major material in Romulus' ribs, exceeds many 
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of the mechanical properties of aluminum (except for stiffness) and 
weighs only 15% as much. (Ref. 4) Similiar characteristics are 
exhibited by birch. Therefore, combining these two woods results 
in a significant weight savings. Figure 6-4 illustrates a typical rib 
cross section constructed of the above materials. Additionally, 
since NASA has used these types of wood for high altitude earth 
flight where the climate is similiar to Romulus' Martian climate, 
spruce and birch are further justified for structural materials. 

Finally, a decision on the skin for Romulus was chosen. The 
materials are kevlar, mylar, and dacron. The choice of kevlar as the 
primary skin, especially in the wing, was due to kevlar's higher 
resistance to crack propogation. 

The advantages of these materials are apparent in the final 
weight breakdown. The results for the major components, in terms 
of weight, are listed in the Weights and Balance section of this 
report. 

Wing Structure Sizing 

A variety of criteria were used in the sizing the wing with 
failure criteria being the most critical. A prime candidate for 
f ailure^ especially 

in high load situations, is the relatively long spars in Romulus. A 
qualitative approach to reduce the risk of buckling is to effectively 
make the spar "shorter". This is naturally achieved since the 
aircraft must be broken down for transport. The effect of the 
segmented spar is to increasing the load needed for critical buckling 
according to the Euler theory. Additionally, styrofoam biscuits will 
be placed inside the hollow spars at the rate of 2/meter. The 
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biscuits will reduce the chance of local warpage thus further 
increasing the load needed for buckling. Biscuits will also be used 
extensively in the area of the engine in order to act as vibrational 
dampers. 

The spars will also have additional strength by virtue of being 

connected to many ribs. Figure 6-4 depicts the method of 

attachment of the spar to the ribs. However, the analysis of this 

coupling was beyond the analytical capabilities of this group. 

Therefore the primary area in which failure analysis was 

performed occured by utilizing the torsional analysis of thin-walled 

cylinders theory. A preliminary value indicated that a spar of at 

least 0.5mm would be sufficient to prevent buckling. Although this 

number is valid for a section, it is assumed that an entire spar with 

this thickness would not be applicable. Therefore, a final 5 % thick 

spar (upper limit of thin wall torsion theory) with a radius of .13m 

at the root and linearly tapering to 0.09m at the tip was analyzed. 

_ _ uJcnn-fr 6 ajkc* to 

This resulted in a 4.64X10' N/m 2 stress which is tolerable by the 

spar material. A similiar analysis was performed on the secondary 

spar. This spar is also 5% thick and tapers from 0.08m to 0.07m 

and exhibits a 1.98X10^N/m 2 stress under load. Each analysis 

assumed a 1.5 safety factor and assumed each spar carried the full 

amount of torsion in the wing. Although the above method seems 

ultraconservative, it should yield a failure free spar. 
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Airframfi Structural Layout 

The details of the airframe structural layout are illustrated in 
Appendix 6- A. 

CfljLclu&ittn 

It should be noted that the above discussiions are the resutls of 
detailed analysis. However many assumptions were made and 
consequently many areas were just briefly mentioned. The 
foremost topic was skin allocation. Since this group was unable to 
trully analyze skin properties, the design was primarily borrowed 
from current designs that high-altitude earth aircraft employ and 
assumed applicable to Romulus. 

Plates and bulkheads analysis were also essentially ignored. 

They are simply mentioned in an attempt to emphasize the need 
for extra reinforcement. Only the braces are shown in Appendix 6- 
A so that a mass of solid areas does not distract from viewing the 
drawings. 

Finally, the mechanics of Romulus are also assumed. Althought 
many items are accounted for in terms of weight (i.e. actuators, 
plumbing, etc.) they are not depicted in any of the views. The 
primary assumption was that since Romulus' wing is nearly thirty 
inches thick, more than sufficient room is available for mechanical 
devices. 
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Surface Operations 

Martin Kim 


Many previous problems associated with the take-off and landing, TOL, 
performance were finally handled and worked out A feasible high-lift device was 
designed and incorporated into the airfoil. Finally, the sizing of the landing gears and their 
placements were calculated. Also, other minor areas of interest were dealt with. 

Initially, a conventional TOL with flap deflection was carefully investigated. 
Attempting to take-off conventionally with flaps within the required one kilometers of 
runway was found to be impossible. The best minimal distance possible was 2200 meters. 
Therefore, other alternatives were investigated for taking off. The obvious solution was a 
vertical take-off scenario. Unfortunately, it was found that the weight such a system added 
was infeasible for the Romulus airplane design goal. An assisted take-off was needed 
without adding any weight to the airplane. A simple solution was found when the take-off 
scenario of a glider was investigated Gliders are usually towed into die air by airplanes or 
by ground vehicles. Hence, tow the Romulus down the runway with rockets, see Fig. 7 - 
1 . Rockets were chosen because they provided the needed thrust to take-off in Martian 
atmosphere. It was calculated that a thrust of 5000 Newtons (N) will be enough for take- 
off. Viking rockets were chosen for its performance and availability. One rocket produces 
2500 N of thrust and it was not too large or heavy. A towing vehicle was designed. Fig. 
7-2, using two rockets producing the needed thrust. It has a 50 meter cable that keeps the 
airplane far behind the heat produced by the rockets. The towing vehicle is radio 
controlled Once the Romulus is prepared for take-off, the rockets are turned on and the 
vehicle begins to tow. During the transition stage of the take-off, the propellers will be 
turned on as soon as it clears the ground It was estimated that 6 seconds are needed for 
the propellers to reach maximum power after being turned on. Therefore, it was found that 
a total of 10 seconds were needed before the cable can be unhooked from the plane in the 
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transition to climb stage. Upon release of the cable, the plane will have enough power to 
climb to the desired altitude and clear the 15 meter obstacle. At the same time, the rockets 
on the vehicle will be turned off and the vehicle will be caught in a net at the end of the 
runway. The vehicle is then serviced and prepared for the next take-off. 

The G-force experienced by Romulus during the towing was found to be 2.7-G's. 
The structures group found that the plane can handle at least 5-G's of force during cruise. 
Therefore, no structural damage will be caused by the towing of the plane. With all this in 
mind, the total take-off distance with a 15 meter obstacle was calculated to be 892 meters 
with a climb angle of 4 degrees. The stall speed was 48.6 m/s and the lift-off velocity was 

53.5 m/s. 

High-lift systems were extensively analyzed for use during die landing. Plain flaps 
were chosen for its simplicity in design and lightness in weight hi the initial sizing, a flap 

- • „*A 

chord to wing chord ratio, Cf/c, of 0.20 was used. This did not produce die necessary drag 
for landing within the 1000 meter limit It was found that a cf/c ratio of 0.30 will be 
suitable. The span of die flaps woe 6 meters long. The ratio of flap area to wing area was 
0.3049. A flap deflection of 45 degrees was used. Table 7-1 Hats the change in 

•' • - -■'**** r X jQJ* . ■ 

coefficients of lift, maximum lift, and drag due to flap deflections. The stall speed* 
produced was 43.1 m/s, die approach speed was 56 m/s, and the touch down speed was 

49.6 m/s 2 . The drag was 4516.17 N and the lift was 3659.47 N which produced a 
deceleration of 3.83 m/s . The total landing distance was 676.6 meters. A conventional 
landing with flaps can be achieved without the need for external assist 

The next area of interest covers the TOL gear design. The locations of the gear 
placements are shown in figure 7-3. The method of calculations were found in reference 1. 
The main gears are located 6.1 meters from the tip of the nose and 8 meters out from die 
center of the fuselage. The nose gear is at 0.5 meters from die tip of nose. All die gears 
are 2.2 meters long from the vertical center of the plane to die center of a 1 5 inch diameter 
wheels. This distance mainly depended on a 12 to 15 degree allowance for the clearance of 
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the tail. The clearance for the propellers was not a concern since the propellers will be 
locked horizontally during taxing and TOL. The main gears will retract into the underside 
of the booms. The nose gear will retract under die cockpit into the fuselage. The weight of 
the whole system is less than ISO N. The maximum static loads on each main gears are 
2187.5 N. The maximum and minimum static loads on the nose gear is 1092.85 N and 
625 N respectively. 

Finally, the plane will be taxied by a towing vehicle from the hanger to the runway 
and back since the plane was not designed to taxi cm its own. Once the plane is ready on 
the runway, a step ladder will be placed for the pilot to get in and oat erf the plane. All 
servicing of the plane will be handled by the maintenance and servicing department in the 
hanger. A detailed report on this is found in the auxiliary section. 

In conclusion, it was a challenging ask for the surface operations group as it was 
for all other groups. Many problems were encountered and interesting and creative 
solutions were found. The major design philosophy was on basics and simplicity. A 
summary of results is listed in Table "7-2. All the requirements were able to be met and 
everything was able to be integrated with tire plane as a whole. 


References 
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Table 7-1. Change in Coefficients of Lift, Maximum Lift, 
and Drag Due to Flap Deflections. 






15 

0.5034 

0.1944 

0.0326 

20 

0.5424 

0.2399 

0.0415 

25 

0.5678 

0.2812 

0.0521 

30 

0.6203 

0.3143 

0.0677 

35 

0.6762 

0.3412 

0.0846 

40 

0.7322 

0.3639' 

0.1044 

45 

0.7932 

0.3805 

0.1250 


Table 7-2. Summary of Results 


Take-off 


5000 N of thrust 
No flap deflection 

-^staH- 


'lo 


48.6m/ s 
53.5 m/s 


Climb angle « 4° 
s tot * 892 m 


Landing 


Power off 
Flap deflection 


45* 


'stall 


approach 


43.1 m/s 
56 m/s 


'td 


49.6 m/s 


Flare angle » 4.8° 
■ 676.6 m 


D - 81.79 N 
L » 1084.86 N 

W » 5000 N 

9 

Max. static load on each main gear 
Max. static load on nose gear 
Min. static load on nose gear 
Estimated weight of gear system 


D « 4516.17 N 
L - 3659.47 II 
S « 3.83 m/s* 


2187.5 N 
1092.85 N 
625.0 N 
150 N 


I 
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Figure 7-1 . Take-off 




Figure 7-3. Gear placement 
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WEIGHTS AND BALANCES 


SAMUEL HUBER 


The Romulus aircraft has mission objectives of flying a 1200 N-Mars payload for eight hours at 
an altitude of 1500 m. In designing this aircraft, the main consideration was to keep the aircraft as 
light as possible. The design process led from a crude estimation of total weight to a detailed 
calculation of all components of die aircraft and center of gravity calculations for all possible 
configurations. 


Various methods can be used to estimate the gross take-off weight of the aircraft For a first 
estimation of weight Lofton's method for estimating gross take-off weight as presented in 
Professor Sivier’s AAE 241 notes was used.(ref. 1) Using 1200N-Mars as the payload weight 
useful load fraction of .525, and a fuel fraction of .15, Lofton's method resulted in an estimated 
gross take-off weight of 3200 N-Mars. 

A second estimate of gross take-off weight was made using Roskam's Airplane Design. Pan 
V : Component Weight Estimation . (ref. 2) This method consists of a series of weight formulas 
that calculate the weights of the various components of an aircraft by an iterative process. After 
gathering required information from the other group members, Roskam's method was utilized. This 
method calculated a gross take-off weight of 4250 N-Mars. This weight was used as the target 
weight. 


After actual component weights woe found, the actual weight of die aircraft exceeded the 
target weight by 1200 N-Mars. An increase in composite usage to the maximum extent possible 
reduced the weight to 4800 N-Mars, but this weight still exceeded the target weight by a significant 
and unacceptable amount Examination of the weight breakdown showed that propulsion system 
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and structural weights woe not accurately predicted by Roskam'? method. The reason for the 
failure of Roskam's method is that die method predicts die weight for earth-based general aviation 
aircraft The Martian enviroment and operating objectives of the Romulus aircraft are significantly 
different than those assumed in the formulas used by Roskam. After a group discussion, a 
decision was martr. to increase the target weight to 5000 N-Mars. 

This target has been met The gross take-off weight of the Romulus aircraft with full payload 
is 5000 N-Mars (see table 8-1). The weights of various components were arrived at in various 
ways. The weight of die wing, fuselage, and nacelle are actual weights calculated from die amount 
of material used in construction. The weight of the tail was found by die USAF formula as 
presented in Roskam. (ref. 2) The weight of the tailbooms and landing gear were calculated from 
methods used in NASA Contractor Report 172313. (ref. 3) The weight of the propulsion system 
was provided by the propulsion Systran designer. Avionics and other fixed equipment weights 
were calculated from methods used in Roskam. (ref .2) The combined weight of all fixed 
equipment was reduced b^30^>ercent to account for advanced design and extensive use of 
lightweight materials. The gross take-off weight of die aircraft with full payload was 4953 
N-Mars. An air supply of 47 N-Mars was placed in the cargo area to provide an em er g en c y ■ 
resevoir in case the plane went down away from the base. TMsbrought die gross take-off weight 
to 5000 N-Mars. l';-V 

A note should be made about the extensive use of wood in die Romulus aircraft The structural 
properties of wood are comparable to aluminum and carbon-based composite materials in all 
respects except for stiffness. Stiffness is not a critical property for wing ribs and tailbooms, and 
the resultant weight savings are significant The weight of spruce, die material used in die 
Romulus aircraft, is only 15 percent of the weight of the thinnest aluminum alloy, and 25 percent of 
die weight of carbon graphite epoxy. ^ 

Maximum take-off weightoperating empty weight, maximum lanfing weight, useful load 
fraction, and maxim um fuel fraction are presented in table 8-2. Maximum take-off and landing 
weight are the same since the combustion product (water) is kept for reuse. 

Center of gravity calculations were made using the weight breakdown of die aircraft and 
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stability limits as set by die stability and control designer. The center of gravity of the various 
aircraft components was calculated from information presented in tables 8. 1,8. 2, and 8.3 of 
Roskam’s Airplane Design. Part V : Component Weight Estimation (ref.21 As can be seen in table 
8-3, the center of gravity for all flight conditions is within stability limi t*. The main landing gear is 
located 6. 1 meters behind the nose. This is .32 meters behind the extreme center of gravity 
location. The center of gravity in the z-directkxi shifts down 0.033 meters during a flight with a 
full payload. 

References : 

1) Sivier K. R. Aeronautical A Astronautical Engineering 241 Notes 

University of Illinois, 1988 

2) Roskam, Jan Airplane Design. Part V : Component Weight Estimation 

Roskam Aviation and Engineering Coip. , 1985 

3) Hall, D.W. and Hall, S.A. Structural Sizing of a Solar Powered A ircraft 

NASA Contractor Report 172313 ; NASA Langley Research Center, 
Hampton, VA 
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TABLE 8-1 

COMPONENT WEIGHTS AND CENTER 
OF GRAVITY LOCATION 


COMPONENT WEIGHT 

% 

DISTANCE 

MOMENT 

(N-MARS) 

FROM NOSE (M) 

(NM) 

AIRFRAME STRUCTURE 

(2435) 

(48.70) 



WING 

1300 

26.00 

5.960 

7748 

TAIL 

300 

6.00 

15.225 

4567 

TAILBOOMS 

150 

3.00 

9.130 

1369 

FUSELAGE 

515 

10.30 

2.800 

1442 

LANDING GEAR 

150 

3.00 

4.483 

672 

NACELLE 

20 

0.40 

3.700 

74 

PROPULSION GROUP 

(1210) 

(24.20) 



MOTOR 

113 

2.26 

4.500 

509 

GEARBOX 

94 

1.88 

4.200 

395 

HYDROGEN 

53 

1.06 

5.019 

266 

OXYGEN 

419 

8.38 

3.000 

1257 

FUEL CELLS (ACCESORIES) 

205 

4.10 

3.135 

643 

(WATER) 

(472) 

(9.44) 

4.545 

( 2145) 

ENGINE CONTROLS 

25 

0.50 

4.500 

113 

PROPELLERS 

301 

6.02 

3.500 

1054 

AIRFRAME SERVICES 





AND EQUIPMENT 

(155) 

(3.10) 



AVIONICS 

38 

0.76 

0.600 

23 

ELECTRICAL SYSTEM 

20 

0.40 

3.500 

70 

FLIGHT CONTROLS 

25 

0.50 

7.430 

186 

FURNISHINGS 

20 

0.40 

1.750 

35 

EMERGENGY AIR 

47 

0.94 

5.600 

263 

BASIC EMPTY WEIGHT 

3800 

76.00 

5.443 

20686 

PILOT 

600 

12.00 

1.750 

1050 

PLANE + 1 PILOT 

4400 

88.00 

4.940 

~ 21736 

CARGO(PASSENGER) 

600 

12.00 

6.300 

3780 

PLANE + FULL PAYLOAD 

5000 

100.00 

5.103 

””25516 
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TABLE 8-2 


AIRCRAFT WEIGHTS 
MAXIMUM TAKE-OFF WEIGHT 
OPERATING EMPTY WEIGHT 
MAXIMUM LANDING WEIGHT 
USEFUL LOAD FRACTION 
MAXIMUM FUEL FRACTION 


5000 N-MARS 
3800 N-MARS 
5000 N-MARS 
.24 
.0944 
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TABLE 8-3 


CENTER OF GRAVITY RANGES 

WEIGHT (N) MOMENT (NM) CENTER OF GRAVITY 

(METERS FROM NOSE) 

EMPTY-WITH FUEL 


-ON RAMP 

3800 

20686 

5.443 

PILOT-ON RAMP 

4400 

21808 

4.940 

PILOT & CARGO 

-ON RAMP 

5000 

25516 

5.103 

PILOT-WITH FUEL 

EXPENDED 

4400 

22322 

5.073 

PILOT & CARGO -WITH 
FUEL EXPENDED 

5000 

26102 

5.220 

EMPTY-WITH FUEL 

EXPENDED 

3800 

21272 

5.598 

EMPTY-WITH NO FUEL 

3504 

19228 

5.778 


FORWARD STABILITY LIMIT 4.838 METERS FROM NOSE 
AFT STABILITY LIMIT 5.349 METERS FROM NOSE 


ALL CENTERS OF GRAVITY ARE CALCULATED WITH GEAR IN THE DOWN 
POSITION. WITH GEAR IN THE RETRACTED POSITION, THE CENTER OF 
GRAVITY FOR ALL CASES MOVES 0.01 METER REARWARD. 



WEIGHT <n-mars) 


FIGURE t-1 

CENTER OF GRAVITY TRAVEL DIAGRAM 



DISTANCE FROM NOSE (m) 


FORWARD STABILITY LMIT - 4.038 M FROM NOSE 
AFT STABILITY LMT • 5.349 M FROM NOSE 

CENTER OF GRAVITY 0n FROM NOSQ 


A-BUPTYWITHFUEl-ONfiAMP 5.4*3 

B-1 PHOT-ON RAMP *.940 

C • PILOT tt CARGO • ON RAMP $.193 

D • PILOT - WITH FUEL EXPENDED 5.073 

E* PILOT It CARGO -WITH FUEL EXPENDED 5.220 
F ■ B^TY WITH FUEL EXPENDED $.599 

G-B4PTY- WITH NO FUEL 5.779 
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MAINTENANCE AND SERVICING ON MARS 


Norman Knapp 

i 

I 

i 

Between flights the Romulus Aircraft will be towed to a special hanger area for 
protection and necessary maintenance and servicing. The Romulus will not feature folding 
wings or a folding tail section, so the hanger will have minimum dimensions which 
correspond to the aircraft's 44 m wingspan and 20 m tail-to-nose distance. The hanger will 
be constructed in order to withstand the Martian weather extremes, but it will not be able to 

. contain a pressurized environment. Instead, the pressure and composition of the 

atmosphere inside the hanger will correspond to conditions outside the hanger. Thus, 
personnel providing maintenance services for the Romulus will be required to wear 
protective gear. 

Once the aircraft is parked within the hanger, stress relieving supports will be placed 
underneath the wings in order to keep them from sagging. The water from the fuel cells 
will be extracted from its holding tank and separated into hydrogen and oxygen by means 
of electrolysis. The hydrogen and oxygen will then be reused on future flights. Power for 
the electrolysis process will be obtained from ground based solar arrays. If necessary, 
scientific instruments will be removed from the cargo area and repaired or replaced. In 
addition, maintenance will be conducted on major systems such as powertrains, control 
surfaces, and structures. Necessary replacement parts will be kept on inventory at the 
hanger. It is important to note that since the mid-point of the aircraft is located 2.S m off 
the ground, ladders and scaffolding equipment will be required to conduct much of the 
servicing. 
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COST ANALYSIS OF THE ROMULUS AIRCRAFT 


SAMUEL HUBER 


The cost of development and production of the Romulus aircraft was estimated by the 
LOTUS spreadsheet program "Planetary Program Cost Model" developed by Science Applications 
International Corporation. The estimate is somewhat inaccurat^wcause of the inherent differences 
between aircraft and spacecraft. However, there are several similiarities between spacecraft and 
aircraft in developing a cost estimate; specifically, the structural and propulsion components are 
very similiar in terms of cost 

The spreadsheet was utilized by placing the components of the aircraft in the categories 
shown on the spreadsheet The Romulus aircraft used four of the seven categories; structures, 
attitude control and determination, communications and data handling, and propulsion. 

The estimate of total costs for development and production of the Romulus aircraft is 223.5 
million dollars. This figure is broken down into two main components; 194 million dollars for 
development design, testing, and engineering, and 29.5 million dollars for production management 
and support. A detailed breakdown of costs is shown on table 10-1. 

Several parameters on the spreadsheet could be varied. These parameters included budget 
constraints, technical complexity, ability of die design team, and inheritance factors. Various 
combinations of these factors yielded costs between 205 and 283 million dollars. The 223.5 
million dollar figure is based on the common set of parameters used by all design groups. 

Raw materials for the Romulus aircraft before fabrication cost approximately one million 
dollars. 
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TABLE 10-1 




COST CHART FOR 

THE 



ROMULUS AIRCRAFT 



CATEGORY DESIGN, DEVELOPMENT, 

PRODUCTION 

TOTAL 

TESTING ,& ENGINEERING 

& SUPPORT 


STRUCTURES 

43.8 

12.8 

56.6 

ATTITUDE & CONTROL 

14.6 

3.3 

17.9 

COMM. & DATA HANDLING 

5.7 

0.8 

6.6 

PROPULSION 

0.5 

0.0 

0.5 

SUBTOTAL 

64.6 

16.9 

61.5 

SYSTEMS TEST HARDWARE 

26.7 

0.0 

26.7 

SYSTEM TEST OPERATIONS 

16.3 

0.0 

16.3 

GSE 

13.4 

0.0 

13.4 

SE&I 

14.2 

3.6 

,17.8 

PROGRAM MANAGEMENT 8.8 

1.5 

10.3 

SUBTOTAL 

144.1 

21.9 

166.0 

CONTINGENCY 

28.8 

4.4 

33.2 

FEE 

17.3 

2.6 

19.9 

PROGRAM SUPPORT 

3.8 

0.6 

4.4 

TOTAL 

194.0 

29.5 

223.5 


ALL FIGURES ARE IN $(MILLIONS) 



Internal Configuration 
Samuel Huber 


The internal configuration of the Romulus aircraft was designed to maximize cockpit space 
and cargo space. The cockpit has a length of 2 meters, a width of 1.15 meters, and a height of 1 
meter. The seat is similar to a car seat in dimentions and provides a comfortable position from 
which to operate die aircraft for an extended period of time. The aircraft instruments are placed just 
below eye level in front of the pilot. A cathode ray tube display adjacent to the instruments can 
show additional information about the aircraft, flying conditions, or the status of any instruments or 
experiments in the cargo bay. 

The configuration of fuel tanks and cells was designed to minimize total volume and center 
of gravity shifts in both the x and z directions. The total volume of die fuel tanks and cells is 4.225 
cubic meters. The center of gravity of die aircraft with a full payload shifts 0.280 meters in the 
x-direction and 0.033 meters in the z-direction. 

The cargo area, located in die back of the fuselage, has 0.863 cubic meters of volume for 
cargo or a passenger. A passenger would be seated on die bottom of the fuselage with his back 
against die rear of the fuselage. 

Figure 1 1.1 shows the internal configuration of the Romulus aircraft, figure 1 1.2 shows 
body cross- sections, and figure 1 1.3 shows the plan view of die aircraft. 







I 

I 
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FIGURE 11-2 
CROSS SECTIONS 






FIGURE 11 -B 
PLAN VIEW 



c-c 


1 meter 


CARGO 


1 meter 






PACKAGING AND ASSEMBLY 

Ron Dunn and Greg Maloney 

" ~ ... 

Figure 1 2.1 a illustrates an end view of the storage canister and how 
the individual pieces of Romulus will be stowed. Figure 12.1b shows the 
system's five main cargo bays in a profile view. The individual pieces will 
have to be packed with braces similiar to a scaffold in order to immobilze 
the individual assemblies during transport. 

In assembling Romulus the ribs of the inboard wing section should first 
be put together as shown in figure 6-4. After completing this operation 
the outboard 10 meters of the wing section should be bolted at the ribs of 
the inboard section. Appendix 6-A depicts the location of the reinforced 
ribs by two parallel lines in close proximity to each other. 

With the wing section completed, the one piece tail booms can know be 
bolted to the upper surface of certain reinforced ribs. Similiarly, the 
fuselage will then be bolted to the underside of the wing at a bulkhead. 

This bulkhead consists of a plate which covers the entire area under the 
wing and encompasses the ceiling of the rear cabin area. 

Finally, the horizontal and vertical tail are assembled and attached to 
the tail booms by inserting the spar of the tail into a opening located 
within the tailboom. The spar runs along the entire middle 16m of the tail. 
After, the horizontal tail is assembled, the vertical tails can be bolted to 
the upper surface of the horizontal tail. 

At this point it is beneficial to note that the storage canister can hold 
the entire aircraft without any modifications needed to the space shuttle 
cargo bay. 
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RESCUE SCENARIO : 


Ken Marku son 

The Rescue Scenario has changed from the preliminary design report due to the 
exclusion of self-powered take-off. Since this aircraft would be unable to take-off under 
its own power the scenario of landing and picking up the survivor had to be cancelled. In 
this case the backup scenario would be implemented. 

This scenario consists of dropping the survivor a package containing certain 
equipment needed by the survivor to last 10-12 hours on the Mars surface. The survivor 
would then have to wait until a ground unit could come and pick him up. 

The package would be deployed from the cargo area in the aircraft The scientific 
equipment in the cargo area would have to be taken out to accommodate this rescue 
package. The package would be spring loaded in the cargo area such that when the pilot 
triggers the spring, the package would be forced out the cargo area. There would be spring 
loaded doors in the back of the cargo area that would open when pushed by the package 
and to close automatically when it was gone. The package would be dropped at 
approximately 300 meters above the ground, terrain permitting, by a parachute of 
approximately 20 meters in diameter. The package would also be constructed in order to 
survive a 300 meter drop, because in the Martian atmosphere the parachute will be unable 
to bring the package down softly. 

The package would weigh approximately 68 kilograms. It would contain oxygen, 
food and water, a battery, a battery operated radio and transponder, medical supplies and a 
survival tent for moderate protection against the elements, for a duration of 10-12 hours. If 



the aircraft survives the crash the survivor could use the extra oxygen that would be on 
board the aircraft 



Spacecraft Interface Status 

Martin Kim 

It has been determined by the spacecraft person that die cargo area for die airplane 
will be 15 feet in diameter and 60 feet long. This is a very limited amount of space, 
therefore, the airplane will have to be shipped in pieces. The 15 feet diameter translates 
into 4.2 meters in diameter. This posed a serious problem for the packaging group since 
the chord of the airfoil is 4.925 meters. This meant that the airfoil had to be cut not only 
span-wise but chord-wise. With this in mind, the structures group was consulted for the 
best place to be sectioned off. A feasible place was located and the problem was solved. 
The final package just fits into the given cargo area and weighs just over 5000 Newtons. 
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DESIGN S UMMAE V 


The objective of this design project is to design a 
manned aircraft that will operate from a base on the sur- 
face of the planet Mars. The aircraft must satisfy the 
following requirements: 

Payload weight: 318 kg mass, 1200N on Mars 

Endurance: eight hours 

Cruise altitude: 1500 meters 

Landing field length: 1000 meters 

The design philosophy followed in this project is depend- 
ant on the conditions under which the aircraft must operate. 

The atmosphere on Mars is comprised mainly of carbon 
dioxide and its density is approximately 1% of that on 
Earth. The low density reduces the dynamic pressure that 
can be attained in flight so a large wing area is required 
to produce enough lift for an aircraft to fly in the Mar- 
tian atmosphere. Also, the low density and corresponding 
viscosity of the atmosphere produce Reynolds numbers over 
the wing in the range of 100,000- 300,000. This range of 
Reynolds numbers requires an airfoil specially designed for 
low Reynolds number flight. 

Considering the above conditions, the design philo- 
sophy was to design a lightweight aircraft of simple con- 
struction that would satisfy the design requirements. The 
light weight would keep the wing area and the corresponding 
wing drag as small as possible. The simple construction 
would allow easy packaging for transportation to Mars and 
easy assembly on the planet surface. 

Several different design configurations were considered. 
The configuration finally decided upon is shown in a three 
view drawing on page 5 and has been named the HIF II. The 
aircraft consists of a wing of sixty meters span mounted 
high on a six meter fuselage. The wing is linearly tapered 
with the root chord equal to 3m and the tip chord equal 
to 2 meters. Two booms connect the tail assembly to the wing. 

The aircraft is powered by an electric motor mounted 
in the rear of the fuselage. The motor operates with pow- 
er obtained from batteries and solar cells mounted on the 
wing. The pusher type propulsion system allows laminar 
flow over the fuselage which reduces the skin friction drag 
over the fuselage. 

The design point chosen from the initial sizing exer- 
cise at a constant cruise velocity of 65 m/s is displayed 
on page four. During the design process, the values ob- 
tained from the initial sizing exercise have changed. A 
complete list of the current values for the HIF II is pre- 
sented on page three. 

There have been several problems encountered while 
assembling the final design report for the HIF II. The 
first problem involves the location of the center of gra- 
vity. In order to keep the center of gravity within the 



allowable range of the center of gravity, the nose of the 
aircraft must be heavily weighted. This was accomplished 
by placing the batteries, instruments, and the pilot as 
close to the nose as possible; but the result is a cramped 
pilot compartment and unused space in the rear of the fus- 
elage. These problems could be corrected by lengthening 
the fuselage in front of the wing. If the length from the 
nose to the leading edge of the wing was 3 meters instead 
of the two meters it currently is, the center of gravity 
would be in the acceptable range and pilot comfort would 
not be sacrificed. 

The second problem involves the power required by the 
aircraft. An estimated power required at cruise of 13.5kw 
was given to the propulsion section for engine and propeller 
sizing. Recent performance analysis of power required at 
cruise have produced values of approximately 6.5 kw. This 
value seems very low. Since the propulsion system was sized 
for a power required of 13.5 kw, the aircraft is over-pow- 
ered. The low power required is probably due to the small 
minimum drag coefficient of the drag polar. The minimum 
drag coefficient is .01753 and occurs at the cruise condi- 
tion. Calculation of the drag polar should be reexamined. 

The last problem is the fact that there is no surface 
operations member in this design group. Therefore, the 
surface operations report had to be assembled by several 
group members. In addition to the fact that these member) 
hadn't been instructed in surface operations, they also had 
their own reports to work on and didn't have as much time 
to spend on the surface operations. 

The result is an inadequate report based on many esti- 
mates, but under the circumstances it will have to suffice. 
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Gross Weight: 6 16 to 

Wing Loading: 30. 77 AJ/j* 1 

Maximum Fuel Weight: 0 
Useful Load Fraction: 


Maximum Take-off Power I ?.S K w 
Power Loading: . 2SO 
Fuel Fraction: O 


Geometry 

Ref. Wing Area 
AR 

A 

A 

t/c 


l LE 


i50 v* 1 

aw 

O 

.641 

.151 


Propulsion . 

- CoWAt 

Engine Description: ^Vectfi'c. wvo\o^ 


Number of Engines 
P Q /Engine 
Weigfi£/Engine 
Cp at Cruise 
Prop. Diam. 

No. of Blades 
Blade Cruise R- 


I 

n.5^ 
22. 6 fcj 

o 

%.l*n 

Cl 

C>w it ted 


Performance 


Cruise R 
Cruise h 
Cruise M 
Cruise V 


e 


- 3.33 X 10 s 
m 1500 ^ 

. .216 

- 10 m/s 


Take-off Field Length 




Actual C.G. Range 


Aerodynamics 
Airfoil: 1-4*034 

High Lift System: 


C<v . 


Cruise; 


- .0HS3 

- ♦oa'7 


Take-off Speed 

■ 6 S i »»/$ 

•o° 


Landing Field Length 

- // m 

C L 

- . ns 

Landing Speed 

- *)/5 


-rU 

Maximum Landing Weight 

- 

Take-off; C L 

- 

OEI Climb Gradient (f): 

- til A 

C L 

L max 

- i.7a 

2nd Segment 

- 



Missed Approach 

■ N/ A 

Landing; 

“ 116 

Sea Level ( R /c ) max 

" 3,aW r*s/S 

C L 

max 

• i.7a 

Stability and Control 
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Aerodynamics 


Grant Eaton 

Several restrictions are placed on the wing design of 
the HIF II by the conditions under which it must operate. 

The Martian atmospheric density is very low, approximately 1% 
of that on Earth. The low atmospheric density and the 
corresponding viscosity produce Reynolds numbers in the 
vicinity of 100000. The low Reynolds numbers require an 
airfoil that is specially designed for this flight condition. 
Also, the low density of the Martian atmosphere produces low 
dynamic pressures in flight. This requires a large wing area 
in order to produce enough lift for the aircraft to remain 
aloft . 

The wing configuration of the HIF IT is simple. The 
wing is a rigid wing with a span of 60 meters. The chord at 
the root is 3 meters. The wing is linearly tapered to a 
chord length of 2 meters at the wing tip. The resulting wing 
area is 150 meters squared. 

The Reynolds number for this wing, calculated at the 
root, is 233000 at cruise conditions. With this condition 
in mind, the airfoil chosen for the wing is the Liebeck I,A 
203A airfoil. The two dimensional data for this airfoil was 
taken from Reference 1 and is presented in Figure 1.1, Figure 
1.2, and Figure 1.3 . This airfoil performs well, at a 
Reynolds number very close to the actual Reynolds number of 
the wing. The minimum drag coefficient of the airfoil is 
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.0135 . The lift curve slope and the maximum lift 
coefficient of the airfoil are .101/ degree and 1.7 
respectively . 

This airfoil is different than the airfoils used for the 
wing in the preliminary design report. The wing in the 
preliminary report consisted of a rigid wing for ten meters 
on either side of the center line. The rigid wing used a 
Wortmann FX-63-137 airfoil. The remaining twenty meters on 
either side were a sail wing using a Princeton sail wing 
airfoil section. Data for these airfoils can we found in 
References 2 and 3. The rigid wing -sail wing combination 
was used because it was thought that the weight reduction 
that would be realized by the use of the sail wing would be 
beneficial to the design. The rigid wing was needed for the 
placement of solar cells, control surfaces, and for a place 
to attach the tail booms. 

For several reasons, this preliminary wing configuration 
was unsatisfactory. First, the ailerons would not provide 
adequate roll control for the aircraft because they could not 
be placed far enough out on the wing. 

Second, the area available for the placement of solar 
cells on the rigid wing was only about 50 m 2 . Assuming that 
the solar cells provide more power per unit weight than the 
batteries, the weight savings that would be attained by 
using solar cells to replace some of the batteries would 
increase as the wing area available for the placement of 
solar cells increased. 
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The third and strongest reason for the change in wing 
design is that the parasite drag coefficient of the sail wing 
is approximately .044 . This is more than three times the 
minimum drag coefficient for the LA 203A airfoi] which is 
currently being used. The power required for an aircraft 
increases linearly as the drag coefficient increases; 
therefore an aircraft using the sail wing requires 
approximately three times as power as an aircraft using the 
LA 203A airfoil. After weighing the advantages and 
disadvantages of the sail wing with the propulsion and 
structures sections, it was discovered that any weight 
reduction in the structural weight by the use of the 
lightweight sail wing was by far outweighed by an increase in 
the weight of the propulsion system due to the increased 
power required. 

The Wortmann FX-63-137 airfoil used for the rigid wing 
in the preliminary design also has a minimum drag coefficient 
greater than that of the LA 203A . The LA 203A also has a 
larger maximum lift coefficient and lift curve slope than the 
FX-63-137 . For these reasons, the LA 203A airfoil was 
selected for the final wing design. 

The wing is mounted on top of the fuselage at an 
incidence angle of 2.75 degrees. The dihedral angle is zero 
due to the high wing configuration. The high wing 
configuration is used to eliminate interference from the 
fuselage on the boundary layer of the upper w r ing surface 
which could cause a loss of lift due to flow separation. The 
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wing is mounted at an incidence angle of 2.75 degrees so the 
lift coefficient needed for the cruise condition can be 
reached when the body is at zero angle of attack. This 
eliminates body drag due the angle of attack. 

A list of the geometry is presented in Chart 1 in the 
Appendix. A high aspect ratio wing was chosen to lower the 
induce drag. The value for the aspect ratio and for the 
taper ratio shown in Chart 1 were picked after a trade-off 
study of the effective aspect ratio versus the taper ratio. 


In general, a tapered wing is more efficient than an 
untapered wing. To show the reason behind this , two 
equations are needed to explain this more clearly. The first 
equation is the parabolic drag polar shown below. 


Cd — Cd ai n t Cl * / ( pi ^ eo ^ AR ) 

where 

CD = Drag coefficient 

CDmin = minimum drag coef f icient, .CL = lift 


coefficient eo = Oswalds efficiency factorv.AR 

— - — 

= aspect ratio ( pi * eo * AR ) = effective 


4 : - " 

aspect ratio 


By studying the parabolic drag polar above, it should be 
obvious that as the effective aspect ratio increases or more 
specifically, as eo increases, the induced drag decreases. 
From this point of view, it is therefore beneficial to make 


I 
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eo as large as possible. 

The second equation, found in reference 4 - pg 194, 
needed to relate effective aspect ratio and the taper ratio 
is an equation used to calculate eo. The equation is shown 
below . SyVbl 


eo = 1 / ( 1 +(J + k * pi * AR ) 

where 

k is a constant relating the rate of increase 
of Cd with Ci 2 


& is a factor that increases somewhat with an 
increase in AR and increases rapidly with 
increase in the taper ratio ( a tabie of 
values for & vs AR and taper ratio can be 
found in Reference 4, pg 191 ) 

The only variable in the above equation is & and as the taper 
ratio increases it should be obvious that eo and the 
effective aspect ratio decrease. 

A result of wing taper, which must be taken into account 
when choosing the taper ratio, is the effect of taper on the 
spanwise sectional lift coefficient distribution. As the 
taper of the wing increases, the location of the maximum 
sectional lift coefficient moves toward the tip. This is 
undesirable because if the location of the maximum sectional 
lift coefficient is near the ailerons at the onset of stall 
the flow separation could spread over the ailerons. This 
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would result in a loss of lateral control. This effect can 
be controlled by the use of wing twist. 

In the process of choosing the taper ratio for the HIF 
II, two restrictions were placed on the process. First, the 
wing span would remain a constant 60 m. Therefore as the 
taper ratio decreases the aspect ratio increases. The second 
restriction is that the taper ratio will have a value such 
that no wing twist would be required to control the location 
of the maximum sectional lift coefficient. 

With the above restrictions and conditions in mind, the 
equations on pages 5 and 6 and values for & interpolated from 
reference 4, pg 191, were used to select the taper ratio. 
After comparing the effects of many different taper ratios on 
the aerodynamic characteristics of the wing, a taper ratio of 
.667 was chosen. This taper ratio makes the wing root at the 
wing tip 2 meters and the surface area of the wing equals 150 
meters squared. The aspect ratio of this aircraft is 24 and 
eo is calculated to be .70 . These values work very well in 
the design. 

Figures 1.4 and 1.5 show the sectional lift coefficient 
and the spanwise lift distribution, respectively, at the 
cruise condition. These distributions were calculated using 
the Schrenk Approximation found in Reference 5, pgs 228-229. 
The maximum sectional lift coefficient is equal to .93 and is 
located ten meters from the wing root. The sectional lift 
coefficients decrease more rapidly toward the wing tip than 
toward the root. If stall starts at the location of the 

I " (a 
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maximum sectional lift coefficient, the stall will spread to 
the root of the wing before it reaches the ailerons. This 
wing requires no twist in order to reduce the sectional lift 
coefficients near the tip. 

The effective aspect ratio of the HIF II wing with a 
taper ratio of .667 is equal to 16.8 * pi. A rectangular 
wing under the above mentioned restrictions has an effective 
aspect ratio of only 13.06 * pi. Therefore, the wing induced 
drag coefficient of the tapered wing is less than that of the 
rectangular wing. 

The lift curve of the wing is shown in Figure 1.6 . The 

curve was obtained by correcting the two dimensional lift 
curve for aspect ratio effects. The lift curve of the 
trimmed aircraft is presented in Figure 1.7 . Since there 

are no high lift devices on this aircraft, this curve is 
valid for the cruise, take-off, and landing configuration. 

The drag polar at cruise is presented in Figure 1.8 . 

The drag polar was calculated by adding the parasite drag, 
the wing induced drag and the body induced drag. The 
equation for the drag polar at cruise is presented along with 
the graph. 

The drag polar for the take-off and landing 
configuration is shown in Figure 1.9 . This value was 
obtained by adding the parasite drag coefficient increments 
due to the landing gear and the propeller. The propeller is 
locked in a horizontal position for take-off and landing. 

The parasite drag increments and the new drag polar are shown 
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with Figure 1.9 . The drag increment due to the propeller 
was supplied by the propulsion section and has a value of 
.073 . This value seems large, but recalculation yielded 
similar results. The tabular breakdown of the parasite drag 
coefficient is shown in Chart 2 in the Appendix. The 
procedure used to determine these values is shown in 
Reference 4, pg 196-203 The drag coefficient at zero lift is 
equal to .02704, but the minimum drag coefficient is .01753 
at a lift coefficient of .875 . 

The cruise velocity was selected so that the cruise lift 
coefficient is .875 . This gives a cruise velocity of 70 m/s 
The cruise condition of velocity = 70 m/s and lift 
coefficient = .875 correspond to Cni B on the drag polar. 

The only problem encountered is that the calculated drag 
polar gives a power required at cruise of 6.5 Kw . This 
value seems very low. The most likely explanation is that 
the method used to calculate the parasite drag coefficient is 
inaccurate. A value of Cdo = .04 seems like a better 
number, but some recalculations of the parasite drag 
coefficient should be done. 
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PERFORMANCE 
Bryan Matzl 


The performance of the HIF 2 has changed many times during the 
design process. Every time the weight or drag increased or 
decreased, it affected the performance of the aircraft. During the 
final stages of design, it was reasoned that too much power would be 
better than too little. Assumptions were made for aircraft drag and 
weight before the final data was obtained. From these assumptions, 
power needed to climb and cruise was obtained (see Figure 2.1) and 
the powerplant sized from these results. It will be shown that the 
aircraft is over-powered and that the powerplant could be down- 
sized. The final aerodynamic and propulsion data used for 
calculations are shown in Table 2.1. Portions of the surface 
operations report have been evaluated and are contained herein. 
The following is the performance characteristics of the aircraft. 

For take-off, two Viking thrusters provide the thrust to get the 

aircraft off the runway and over the 15 meter obstacle. They will be 

s 

placed under the wings similiar to air-to-airf missies. The propeller 
will be locked in a horizontal position to keep the propeller tips 
from hitting the ground. Once the aircraft is safely off the ground, 
the motor will begin to turn the propeller. The propeller will be up 
to speed by the time the thrusters are out of fuel, and it will propel 
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the aircraft for the rest of the flight. The thrusters will then be 
jetisoned to reduce drag. At maximum thrust of 2500 N for each 
thruster, minimum take-off distance is accomplished in 594 meters. 
Take-off velocity is 65 mps. The take-off will take 17.3 seconds. 
The thrusters will require 21.5 kg of fuel for take-off. 

The aircraft was then evaluated for its climb performance. 
Maximum rate of climb was calculated at intervals of 300 meters 
from 15 meters to 1500 meters (see Figure 2.2). The maximum rate 
of climb was 3.2 mps at a velocity of 57 mps. The climb took 7.9 
minutes and covered 27.4 km. 9060 KJ were required for this climb. 
The climb velocity of 57 mps was judged to be too close to the 
stalling speed of the aircraft. Therefd0 climb performance was 
evaluated again for a constant climb velocity of 65 mps. The 
average rate of climb at this velocity was 2.9 mps. It took 8.5 
minutes to climb and covered 33.0 km. 9693 KJ were required for 
this climb. When the aircraft reaches its cruise altitude, it levels 
off and accelerates to its cruise speed. The aircraft will use 690 
KJ, take 52 seconds, and cover 3527 meters during its acceleration 
period. 

The aircraft will cruise at a constant velocity and altitude. This 
can be accomplished because there is no weight loss with its 
electric powerplant. 70 mps was chosen as the cruise velocity. The 
specified cruise altitude was 1500 meters. An aircraft endurance of 
8 hours was required. From the 8 hour endurance, time to climb and 
descend were subtracted to give a cruise time of 7.38 hours. During 
this time the aircraft will cover 1860 km and will use 170195 KJ. 
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A maximum cruise velocity of 98.8 mps can be attained at a higher 
altitude (see Figure 2.3). A greater cruise velocity did not seem 
economically feasible due to the large increase in induced drag 
above 70 mps. 

For the descent phase of flight, the aircraft will glide with 
engine power off. The propeller will be allowed to spin freely to 
reduce drag. Descent was evaluated from the final cruise altitude of 
1500 meters to the approach altitude of 15 meters. During each 
descent interval, the velocity of the aircraft was reduced. Descent 
began from the cruise velocity of 70 mps and was reduced to the 
approach velocity of 58.4 mps at the end of the descent. The average 
rate of sink was 1.14 mps. Descent will last 21.4 minutes and will 
cover 80.5 km. 

At the end of the approach, the propeller will be locked in a 
horizontal position. This will keep the prop tips from hitting the 
ground during landing. The aircraft will land at 58.4 mps. This is 
1.2 times the stall speed of 48.7 mps. Total landing distance 
required is 1883 meters. This includes an approach distance of 680 
meters, a flare distance of 69 meters, and a ground roll distance of 
1134 meters. The ground roll requirement of 1000 meters was not 
achieved by the HIF 2. A small speed brake was used which poped up 
on top of the canopy. It could be activated by the pilot from inside. 
Obvoiusly, more deceleration is needed to stop in the required 
distance. This may be accomplished with the use of wing spoilers, 
wing flaps, or parachutes. These options need to be further 
evaluated before application. 
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The total range of the HIF 2 was calculated at 1979.5 km. The 
energy used during the 8 hour flight was 182682 KJ supplied from 
the batteries and solar cells. Also, 21.5 kg of fuel were used for 
take-off. 

The level flight envelope constructed for the aircraft is shown in 
Figure 2.3. This shows that because the power available varied with 
altitude only and not with velocity also, the maximum speeds were 
not reduced until the absolute ceiling was almost reached. Also, the 
stalling speed governed the minumum speed until very high altitudes. 
If better power available data was available, the level flight 
envelope would look more rounded at the top. Also, the maximum 
speed of the aircraft would occur at a lower velocity. The maximum 
velocity at cruise is not reached until very near the absolute ceiling 
of 16.04 km. 
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PERFORMANCE INPUTS 
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Power and Propulsion 


Dion L. Buzzard 

The propulsion system is an electric motor which is powered 
by a solar array and a battery. The electric motor powers a 
single pusher-type two-bladed propeller which is fixed pitch and 
variable rpm. The samarium— cobal t motor includes a solid state 
invertor and planetary gearbox. The power system has a power 
conditioner which directs power to the motor, avionics, 
experimental instruments, and back to recharge the battery. The 
layout of this system can be seen on the flowchart as well as 
numerical values for efficiencies, power output, and masses. The 
following will discuss the subsystems chosen. 

First, the samarium-cobal t engine has several advantages 
over other motors. It is an electric motor with an internal 
permanent magnet rotor, which is very efficient and lightweight. 
It is also very compact. For example, a ferrite motor which 
provides the same power would weigh twice as much. 1 The 
disadvantage of samarium-cobalt is high rotation rates on the 
order of 20,000 rpm. This will require a large reduction of rpm 
in the gearbox. Therefore, the gearbox must be very efficient 
and lightweight. The samarium-cobalt motor, which includes a 
solid state invertor and planetary gearbox, has an efficiency of 
87V. and provides 21.5 kw at a mass of 22.6 kg.* This is done by 
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assuming a linear relationship between shaft power and motor 
weight of the AiResearch motor. 1 The planetary gearbox was 
chosen because of its simplistic design and high reliability. 

The power conditioner is used to maintain maximum efficiency 
of the solar cells by channeling the power input to the power 
output. The power conditioner will be able to divert excess 
power to recharge the battery or obtain more power from the 
battery at low solar flux densities. This power conditioner is 
92% efficient and has a mass of 13.5 kg. 3 This is an important 
component of the power system due to variations of the solar flux 
on the solar cells during the eight hours of flight. 

The solar array of gal lium— arsenide (GaAs) is better because 
it is more efficient and lighter than the silicon cells (Si). 3 
The base efficiencies are 20% and 15% for gal lium-arsenide and 
silicon cells, respectively. 3 It has been assumed an efficiency 
increase of 5% will occur before production. Thus, the 
efficiency of gal 1 ium— arsenide will be 25% and 20% for silicon. 
It has been noted that the efficiencies of solar cells are 
inversely proportional to temperature. 3 There is a larger change 
in efficiency in silicon cells (.05% / “K) than gal lium-arsenide 
(.03% / °K) with temperature. 3 Therefore, a trade study will be 
made. The atmospheric temperature on liars at different flight 
altitudes is essentially constant with an average temperature of 
215**K which means that the power available does not vary with 
altitude for the solar cells.* The velocity of the plane is also 



independent of the solar power available. The standard operation 
temperature for the cells is 298**K which is 83“K higher than the 
actual operating temperatures. This lower temperature results in 
a total efficiency of 27.6% for gallium-arsenide cells and 24.15% 
for silicon cells. Gallium-arsenide is still the best choice. 
The gal lium-arsenide has a mass per unit area of 0.026 kg per 
m 3 .* The solar array will be placed under a transparent skin 
inside 87% of the wings, which is 130 square meters. This is 
done to eliminate drag characteristics and to protect the cells 
from the elements. The solar flux on Mars has an assumed average 
value of 0.5 kw per m 3 which varies with latitude and time of 
day. 3 It would be beneficial to fly at equatorial regions since 
the solar flux would be greater. The data used will provide a 
power density of 5.3 kw per kg from the solar array with a total 
power output of 18 kw. 

The other power source will be a rechargeable battery which 
has an ultra-high energy density. A lithium-type battery has 
been chosen because of its light weight, long storage life, and 
high reliability.** The problem with lithium batteries is that 
they tend to be explosive upon recharging. This hazard can be 
minimized by adding other elements like molybdenum and the 
careful venting of the toxic gases.* In order to maximize the 
battery energy density, it will be necessary to make one battery. 
The energy density of this battery will be 515 w-hr/kg from the 
use of references 6 and 7, which will provide an average of 9.1 
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kw for eight hours to the power conditioner with a mass of 141.3 
kg. The battery has a volume of 0.28 m 3 which assumes the 
battery is pure lithium with a density of 499.3 kg/m 3 . 8 The 
battery will be placed with its center of gravity at 0.75 meters 
from the nose tip. The battery output will vary inversely with 
solar flux variations. The battery will be recharged when excess 
power is provided to the power conditioner, and the battery will 
discharge at a greater rate when extra power is needed. The 
power density of the battery is 64 w/kg for eight hours, which 
compares to the 5300 w/kg power density of the solar cells. This 
suggests that the use of the solar cells is beneficial. The 
power available from the batteries is also independent of 
velocity and altitude like the solar cells. The total average 
power available from the power source will be 27.1 kw. The use 
of a fuel cell may be more feasible, but sufficient data were not 
available. 

The HIF2 will require a propeller that can operate in liars' 
thin atmosphere. This makes the propeller very large and 
operational at low shaft speeds. The minimization of shaft power 
for climb, cruise, and maximum conditions results in a propeller 
diameter of 8.7 meters, which is shown on the graphs. The 
maximum power input is minimized because this affects the size 
of the total power system. The propeller has a constant blade 
pitch angle which is very reliable. It has a blade pitch angle of 
25 degrees which provides the best performance. The propeller 
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tips operate below the transonic regime for all flight 
conditions. The shaft rotation rates are 400 rpm for climb, 475 
rpm for cruise, and 500 rpm for maximum power. These values were 
obtained from graphs provided. The data for these graphs were 
obtained from a propeller design chart 5868—9 of NACA Tech. 
Report 640. The static performance has been eliminated since a 
rocket assist will be used for takeoff. Once the HIF2 reaches 
climb conditions of 55 m/sec, the propeller will take over and 
maintain flight conditions. Before landing, the propeller will 
also be locked in horizontal position to avoid the use of large 
landing gear. The use of a three-bladed propeller has been 
considered. It has the advantage of reducing blade diameter and 
vibrations, but it would reduce efficiency and require larger 
landing gear because it could not be locked in horizontal 
position. 3 The HIF2 has a propeller with an efficiency range of 
84-86%. The propeller has an approximate mass of 37 kg which was 
obtained from a graph in reference 2. This design produces a 
maximum power available of 18.5 kw at cruise conditions of 70 
m/sec and a density of 0.014 kg/m 3 . The power available from 
the propeller is a function of altitude because of density 
variations, but it is not a function of velocity. The power 
available at ground level is greater than at altitude and has a 
value of 19.63 kw. This corresponds to a power available at 
cruise of 18.5 kw and 19.1 kw for climb conditions. The 
inoperative drag estimation at cruise for the propeller has a 
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value of 375 newtons, which seems very large. 

It has been assumed that avionics and experimental devices 
will require 100 watts of power each. This power is obtained 
from the power conditioner which obtains an average power of 18 
kw from the solar array and an average power of 7.1 kw from the 
battery. All previous subsystems are independent of altitude and 
velocity except for the propeller which is dependent on 
altitude. 
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Significant data 


Engine description: 
Number of engines: 
P«, ( ma :< ) : 

Weight of engine: 
C„ at cruise: 

Prop, diameter: 
Number of blades: 
P-^i« i (climb): 
P.vi.i (cruise): 
Flight duration: 
Blade pitch: 

Climb (N): 

Cruise (N) : 

Maximum (n ) : 


Samarium cobalt 
1 

18.5 kw 
86.3 N* 

0 

8.7 m 

2 

19.1 kw 
18.5 kw 
8 hrs 
25“ 

400 rpm 
475 rpm 
500 rpm 


* includes invertor and gear box 

Nomenclature list: 

km - kilometers 
kg - mass in kilograms 
N - weight on Mars 
kw - kilowatts 

rpm - revolutions per minute 

m - meters 

°K - degrees Kelvin 

V. - percent 

km - kilometers 

hrs - hours 
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STRUCTURES 


Glen W. Brown 

Successful flight of an aircraft in the Martian atmosphere 
requires a vehicle of minimal structural mass. A wing composed 
of partially solid and partially flexible materials was a 
preliminary concept. However, upon further investigation a 
more conventional solid wing structure has now been chosen. 
High-strength advanced composite materials will comprise the 
main load-bearing structures of this vehicle. Composite 
materials have been selected due to their higher strength 
and higher stiffness qualities and due to their significant 
reduction in structural weight. A discussion of material 
selection will be discussed later in this text. 

The computation of wing loadings was the starting point 
for structural analysis of this aircraft. The following 
variables must first be defined. 

V = Shear (Newtons) 

M = Bending Moment (Newton-meters) 

Mac = Torsional moment about the aerodynamic center 
( New ton-me te r s ) 

Y = Station along wing semi-span (meters) 

After receiving the lift distribution and structural weights 
from corresponding design areas loadings, shears, and bending 
moments were calculated. For analysis, the lift distribution 
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was segmented into two parts: the constant upward lift along 

the wing added to the remaining elliptical lift. The wing 
weight was divided into five meter sections (except for the 
outermost ten meters which was analyzed in its entirety) as it 
was reasonable to assume each of these as constant loads. 

This is because the main spar is the principle component of 
wing weight and each five-meter section of spar is of constant 
thickness. These thicknesses continually decrease along the 
wing towards the tip, thus making each five meters a very 
nearly constant load. (The last two five-meter sections of 
spar are the same thickness, thus analyzed as one ten-meter 
section.) Each wing also supports a tailboom, one-half the 
empennage, and landing gear and a small pod to house them 
during flight. All are located at the five-meter station. 

The structural weights are summed and idealized as a point 
load. Shear and bending moments due to the above loadings were 
calculated. Summing the appropriate shear and bending moments 
and plotting the results, corresponding diagrams are obtained 
for 1-g Martian loading (see Figs. 5.1, 5.2, and 5.3) and for 
4-g (critical) Martian loading (see Figs. 5.4, 5.5, and 5.6). 
For on-ramp conditions, the landing gear of each wing has been 
determined to support 41% of the gross weight of the aircraft. 
Corresponding loading, shear and bending moment diagrams have 
been plotted (see Figs. 5.7, 5.8, and 5.9). Bending due to 
torsion was also calculated using the equation (1/2) qc Cmac. 

(q is atmospheric Martian density multiplied by maximum cruise 



5-3 


velocity squared, C is the chord length and Cmac is the 
pitching moment about the aerodynamic center) . The torsional 
moment about the aerodynamic center as a function of wing 
semi-span can be seen in Fig. 5.10. 

The structural design of the H.I.F. II Martian aircraft 
is expected to experience a variety of loadings. The wing of 
this vehicle is designed to endure bending and torsional 
loadings associated with 4-g Martian flight. 4-g flight is 
the ultimate strength load factor that has been selected. 

To endure such loading, the primary load-bearing structures 
of the wing will be constructed out of longitudinal layers of 
graphite-epoxy tape (4.8 x 10" N /m 2 modules) overlaid at + 60 
degrees and -60 degrees. Overlaid layers of this graphite- 
epoxy material will easily withstand the most severe bending 
and torsion encountered. The structures to be comprised of 
this material are the cylindrical primary and secondary wing 
spars, the tail spar, the tailbooms, and the fuselage frame. 
The cylidrical spars and tailbooms can be made by wrapping 
pre- impregnated graphite-epoxy strips on appropriate aluminum 
tube diameters and curing in an oven. The aluminum can then 
be removed by chemically etching it out. Some other materials 
will be discussed shortly. 
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From loadings, shears, bending moments and material 
selection, minimum thickness of the main spar at various wing 
stations were calculated. This was done by employing the net 
maximum moment from 4-g flight (My) , the ultimate yield stress 
of graphite-epoxy composite material ( O' = 9.S x 10 8 N/m 2 ) , 
incorporating a safety factor of 1.5, and the geometric moment 
of inertia of the cylindrical tube cross-section (I = Trr 2 t) . 
Using the equation Cty = My/I, the moment of inertia was 
calculated. Equating this value with the geometric moment of 
inertia of the cylindrical tube, the minimum material thickness 
at various stations along the wing were computated. These 
minimum thicknesses were then /generously) bolstered so as to 


achieve absolute safety in the design. The support of the wing 
is seen in a cross-sectional view of the wing airfoil and the 
geometry at various stations is summarized in Fig. 5.11. 


A schematic top view (Fig. 5.12) of the H.I.F. II shows 
rib placement in the wings and tail to preserve a constant 
airfoil shape. Wing ribs (see Fig. 5.13) placed at 0.5 meter 
stations along the wing (1.0 meter stations in the tail) are 
made of sitka spruce wood as it is of very low density (550 
kg/m^) and will keep the airfoil shape constant along the wing. 
These ribs are five millimeters thick. Also, cylindrical 
wooden disks or plugs (Fig. 5.14), five millimeters in thickness 
are placed in the main spar of the wing every 0.5 meters and 
between each rib. In the spar of the tail, the disks are 
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placed at one-meter intervals and again between each rib. 

There will be four one-centimeter thick plugs inserted in 
each tailboom at the two* four*, six- and eight-meter stations. 
These disks preserve the cylindrical shape and deter local 
deformation of the aforementioned structures. The wing and 
tail airfoil skin as well of the skin of the fuselage will be 
made of one millimeter thick wooden panels attached to the 
ribs and airframe skeleton. Once attached, the wooden skin 
will be wrapped in overlaid sheets of kevlar fabric and this 
thickness will be approximately two tenths of one millimeter. 
Kevlar was chosen to wrap the skin as it will add much 
strength and is extremely lightweight. 

As already mentioned, the fuselage skin will be made 
of several layers of kevlar wrap. This skin will surround a 
graphite-epoxy frame shown in a three-view sketch (Fig. 5.15 
a,b,c). A battery of substantial size and weight and a pilot 
and crewman will be located in the forward forty percent (2.5m) 
of the fuselage pod. The beefed-up framework in this section 
is a result of these loads that must be supported. A five 
millimeter thick angled floor with a rear "lip" of aluminum 
7075 will support and secure the battery. This floor extends 
from the nose to approximately 1.5m horizontal distance. Then, 
a two centimeter thick birch plywood level floor extends to 
the three-meter station. This floor will support the crewman 
and equipment. Further equipment may be placed on a "wedge" 
of birch ply locateid behind the crewman, from the three- to four 
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meter stations. (See Fig. 5.15b). A bulkhead at the far 
anterior of the fuselage secures the propellar. The pilot seat 
will be supported by angled aluminum supports jutting from the 
sides of the pod (secured in a frame support) and secured to 
aluminum runners under his seat. (See Fig. 5.16). The 
crewman will be supported by vertical aluminum supports bolted 
to runners both on the plywood floor and under his seat. The 
fuselage pod, the battery, and the pilot and crewman and 
equipment are all well supported. 

The H.I.F. II is a structurally sound aircraft that was 
kept relatively simple yet quite durable. It is a reliable 
Martian aircraft capable of carrying out a range of missions. 

The materials selected are very high-strength and lightweight, 
which was an absolute must design criterion. From an analytical 
standpoint, this aircraft will support all the loads it will 
encounter on Mars. With adequate testing this vehicle should 
be proven reliable and structurally sound. With the other 
design criteria in capable hands the H.I.F. II will certainly 
be able to achieve successful Martian flight. 
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STABILITY & CONTROL 


Richard R. Monke 

The text that follows is split into two parts. First, 
essential data and calculations are presented. Then, stability 
and control is demonstrated at three different flight 
conditions. Throughout the calculations, all stability and 
control derivatives were calculated using methods presented by 
Jan Roskara. Professor of Aerospace Engineering at the University 
of Kansas. (1) 

The stability and control of an aircraft is dependent upon 
the geometry. Control surface areas as % of wing area ( 150 
meters squared ) were chosen as follows; horizontal tail - 18%, 
vertical tails - 12%, and ailerons - 10%. The flap chord to 
total chord ratio for both the horizontal and vertical tails was 
chosen to be .25. Full span plain trailing-edge flaps were used. 
For the ailerons the flap chord to total chord ratio was chosen 
to be .375, with the inboard location of the aileron 20.72 m 
from the centerline and the outboard location at the wing tip. 
The above configurations are shown in Fig. 1. Distance between 
the aerodynamic center of the wing and aerodynamic center of the 

't 

tail was set at 10 . q 

With the geometry set, the neutral point was then located. 


In order to obtain its value, the 1 1 f t c urve slopes of the wing 
and the tail were calculated to be p. 57'/rad and 4.75/rad, 
respectively. <2) Also, the derivative of the downwash angle with 



respect to angle of attack was found to be .17. For these 
values, the neutral point was located 3.58 m from the nose of 
the aircraft. 

In order to trim at cruise the tail was fixed at an angle of 
incidence with respect to the horizontal. This angle was found 
to be -5. 3 degrees. 

Next the center of gravity < c.g. ) range was calculated. A 
static margin of 10% was to be demonstrated at all flight 
conditions. Using this value, the most aft position was found to 
be 3.33 m from the nose of the aircraft. The maximum static 
margin was then calculated to be 60%. Corresponding to this 
value, the most forward c.g. location was found to be 2.09 m 
from HIF 2’s nose. 

In order to assure the stability and control of HIF 2, 
several criterion had to be met during takeoff, cruise, and 
landing. 

In takeoff, it was necessary to lift the nosewheel at 90% 
takeoff speed ( 51.3 m/s ). To satisfy this requirement, the 
summation of the pitching moments about the nosewheel was set 
equal to zero. Fig. 2 shows the various forces acting on the 
aircraft and their respective moment arms. Using this static 
analysis, the necessary lift coefficient on the horizontal tail 
was found to be -.057, which corresponds to an elevator 
deflection of -2 degrees. 

At cruise conditions ( V=70 m/s & altitude=1.5 km ), one of 
the requirements was to show sufficient lateral and longitudinal 


control and power to sustain a 30 degree banked coordinated 
turn. For a roll angle of 30 degrees, the corresponding load 
factor was 1.155. With this value, an iteration was performed to 
find the necessary angle of attack. Its value was found to be 
5.7 degrees. At this angle of attack, the drag was calculated to 
be 107 N. The power consumed was then 7.5 kW. This is 42% of the 
maximum power available. 

The second requirement at cruise was to develop a bank angle 
of 30 degrees in 2.0 s after control application. A step change 
in aileron deflection was assumed. The formula used in ths 
calculation and an approximation formula for the moment of 
inertia about the x-axis are found on page 8 of the text. The 
former was solved for the product of variation of rolling moment 
coefficient with aileron angle and the aileron deflection. 
Solving this expression, the necessary aileron deflection was 
found to be -3.91 degrees. This is an ant isymmetrical deflection 
with right aileron up 3.91 degrees. 

In landing approach, it was necessary to trim at the maximum 
lift coefficient < Cl=1.72 > with the c.g. location at the 
forward limit. From Fig. 3 it can be seen that a control moment 
coefficient of .50 was needed. The elevator deflection needed to 
produce this moment was found to be 12.9 degrees. 

A roll response of 30 degrees in 2 s was also a requirement 
for landing. Using the same procedure as before, the aileron 
deflection was found to be -4.36 degrees. Again, this is an 
ant isymmetrical deflection with right aileron up 4.36 degrees. 



Crosswind landing is another requirement. Enough directional 
control was needed to develop a steady sideslip angle of 10 
degrees. A NACA 0006 vertical tail cross section was chosen. <3> 
Using the criterion found on page 8, the rudder deflection was 
calculated to be greater than or equal to -20.8 degrees. 

The final criterion was to mantain wings-level flight in a 
full rudder sideslip. The equation to satisfy this requieraent is 
found on page 8. An upper limit was placed on the available 
lateral control power. It was 75%. For a maximum rudder 
deflection of 30 degrees, the sideslip angle was found to be 
14.4 degrees. Only 38% of the available lateral control power 
was required. 



<1> Methods for Estimating Stability and Control of Conventional 
Subsonic Airplanes 

Jan Roskam 

University of Kansas 


<2) Airfoil Design at Low Reynolds Number with Constrained 
Pitching Moment 

R. H. Liebeck and P. P. Camacho 
Douglass Aircraft Company 


(3) Theory of Wing Sections 


Ira H. Abbot and Albert E. Von Doenhoff 


NASA 









ROLL RESPONSE 


£ / /> f 
1 JVt 


0 - 

6 


c r a j< t 

C/, ) L C ,, 


r 


exp 


J y = e* p ( /. 7 7?a /OJ u - ^.7 3 6 5 ) 


CROSSWIND LANDING 

r ~ ^ * a £ 


FULL RUDDER SIDESLIP 


( c,) 


75 


= C, (.-rs £ (C t ) 


* /nc« % 


\JJ 


hti'e (C,) = C 1 1 


0 



C „ .-.06? 

C, f = -. 6 v<i 

C t( ' : .55 3 

• if 

C»«.: ' /7 ? 

^ 3 


( S /D ) ,r> <a * ~ , & & 
hr*,« - £ '0*8 rr\ 

( s m r . /o 
A ^ ax = 3.3 3 rn 

A - 3.30m 
r iO m 

£ r ^ , 5 /V) 

<£w r . / 7 

/O. * ^ 

Z „ r 3 . 5 f m 



Surface Ops — Landing Gear 


The design, sizing, and placement of the landing gear 
for the HIF II is somewhat of a reasonable guess and an 
estimation due to the loss of the surface operations design 
member. However some effort by the design team was under- 
taken to help shore up this design srea. The nose gear 
is located 1.5 meters back of the front edge of the fuse- 
lage and centered underneath. Its length is 0.5m from the 
bottom of the fuselage to the center of the wheel. The 
wing landing gear are located 4.25m behind the front edge 
of the fuselage (2m behind the wing leading edge) and five 
meters out from the wing root. A length measured from the 
bottom of the wing to the center of the wheel is 1.75m. 

The diameter of the nose wheel and both wing wheels 

is 0.5m. The thickness of all three tires is approximately 

twenty centimeters. The wing tires are normal, grooved and 

wear-resistant while an anti-shimmy tire will be used on 

the nosewheel. The inflation pressure of all three should 

2 

be approximately 2 . 5kg/cm . As the wing wheels will be 
located towards the anterior portion of the wing airfoil, 
they will retract in a forward manner and into a small pad 
under -the wing during flight. The nosewheel will retract 
in a backward fashion. It will be housed in a small com- 
partment under the wood floor of the fuselage, but will 
have to be rotated over (i.e. the side of the wheel will 
be parallel to the ground) to accomodate the small housing. 
All retractions and/or deployment will be accomplished by 
electrically powered hydraulics. Due to limited knowledge 
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assumed the landing gear can be handled in the above manner 
in all respects. 

The take-off and landing analysis of the surface op- 
erations report is included in the perframance section of 


this design report. 



and Balances 


V/ e i p-h t s 


by -.rt Fletcher 


Of Ftf'-*? ^Ak.rTr 


Tr.rourh ou + the design, sights arv 1 , Balanc?: - ; has rr.ade r" any changes 
In the veirht and c cnf irurat ion of the aircraft. However, the basic 
weight history can be easily summarized into the initial sizing, the 
midterm. weight (MI? 1), and the final weight (HI? 2), all of which 
can be found in table 7.1. -.3 can be expected, the operational empty 


weight 


f r tr 

V ^ 


) increased as the design progressed. 


The HI? 2 weight was arrived at by performing: a manual iteration 
with an KF-lpC on an equation in terms of W^. This equation was found 
by the summation of all the component weights. The result was given 

in lb and then changed to Newtons on Mars. 

m 

The weights and center of gravities (C.G.’s) of the components 
of the HIF 2 were arrived at by several different means. For the 
landing gear, fuselage, empennage, surface controls, nacelle, and 
electrical system, weight equations given in Roskam's 1 book were used. 
Also, weight reductions for use of advanced composites in the fuselage, 
empennage, and nacelle were taken from Niclai ' ^ book. 

./eights for the wing, tail booms, and air brake were found by 
mass density calculations taken on each individual part of the component. 


These individual weights were then summed over the component to get 
the weight of the entire component. For example, the wing weight was 
found by summing the individual weights of the spars, ribs, and 


coverings . 

The weights for all components in the propulsion group (engine, 
power conditioner, battery, solar cells, propeller) were given to 
//eights and Balances by the propulsion group, which got the information 
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3 V 

from Hall’s and Clarke's books. 

..'eights dor the seats and the instruments and navigation 
equipment ./ere arrived at by close estimation of what the weights and 
Balances felt wms needed. The instruments and navigation eqpt . is 
only enough to fly the aircraft, .ith 2 pilots, there is a;mroxi:rately 
ICC M of lift availiable for added electronic and survellance equipment 
,/ith only 1 pilot, the payload weight can be increased to approximately 


700 ?■!, when distributed properly. 

The C.O. locations for each component, table 7.4, again were 
arrived at from equations in Roskam’s book. Fore and aft limits were 
provided by Stability and Control. As shown in figure 7.1, not all 
flight conditions, namely 1 pilot without payload, fall within the 
allowed range. This problem is easily overcome by use of ballast. 

This ballast , which could range from electronic equipment to a bag of 
rocks (or extra rockets in the rescue scenario), would be on or in 
dace of the crew seat. Recommended ballast weighs 205 N and would 
place the aircraft’s C.G. well within the allowed range. In minimizing 
the v/eight of the ballast, in order to maximize the weight of the 
payload (which would be placed on the aircraft's C.G. ) , as low as 
210 N of Ballast could be used. The aircraft, however, would be on 
the edge of instability. 

Turing normal flight, there will not be any C.G. movement. 

The battery will not lose any weight while draining and the rockets 
used for takeoff will be centered on the C.G. so when they are dropped, 
they will have no effect on the C.G.. 
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A problem that also exists is that the empty aircraft’s C.G. 
lies behind the rear wheels. This problem can be corrected easily by 
use of ballast (in the case of a rescue scenario) or by tyinf the 
craft down and supporting it with an outside stand (when cn the frounc 
at the heme base). 
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Component ..eight breakdown For HI? 2 


Component 

'./eight (N) 

Ml 

O 

0 

v.Cv 

»ins? 

1488.4 

43.? 

Tutelar e 

210.6 

6.4 

Er; rennapre-Hor . 

15?. ? 

4 < 

Bmp enrage- Yer . ' 2 ) 

-i 3 0 

3.3 

i 1 n r, -1 ' 0 \ 

j - 2.1-l ^ ) 

2^1 . ? 

,< n 

0 • f 

j 1 and i ns- C- ear - N 0 s e 

31.7 

O.c 

] Landing Gear-Lain (2) 

109.1 

3.2 

I ?Iacelle 

j 

10.8 

0.4 

1 Surface Controls 

j 

77.5 

2.2 

Airframe Totals 

2437.4 

70. 8 

Engine , Controller 
& Gearbox 

83.6 

2.4 

Power Conditioner 

50.0 

1.4 

Sattery 

522.8 

15.2 

.Solar Cells 

12.5 

0.5 

Propeller 

136.a 

4.0 

j Power Plant Totals 

805.8 

23.5 

J Instruments & Nav. 

Equipment 

8.4 

0.2 

Seats (2) 

67.2 

1.9 

Electrical System 

Q8.0 

2.8 

Air Brake 

25.0 

0.8 

Piscellanuous Totals 

t 

198.6 

5-7 

Total Operational Empty 

3441 . 8 

100.0 
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The ballast needed for the 1 pilot configuration is located 


directly on the crew (rear) seat. 

All locations are measured from the nose of the craft. 
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Center of Gravity Locations and Allowed Ranges 
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X C.G. for 1 Pilot 
X Without Ballast 
3.410m 


C.G. when X 
Empty a 
3.736m 


3 


. 00m 


3.50 m 


Note: The ballast in the above chart is taken to be 295 N (80 kg) and is 
positioned directly on the rear seat. 

The above limits were established by Stability o^d Control. 

Figure ?.l 
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auxiliary dystems 


There are only two auxiliary systems needed on the KIT 2 . 
he first is the landing rear retraction system. This system 
only affects the plane just after takeoff and just "before landing. 
The second is the control surface system. This system is needed 
throughout the entire flight, for obvious reasons. Both 
systems are hydraulic and are driven by electric motors. 

The added weight of these two systems is only 142.1 N (surface 
controls- 77. 5^ » landing gear retraction- 64. 6N) , which is only 
3/o of the total takeoff weight. The locations of these systems 
(surface controls- 2.2m, landing gear- above the respective 
gear) helps move the aircraft’s C.G. up, something that ..eights 
and Balances has been working toward. 

At cruise, there are 14.9 availiable kilowatts to be used 
for auxiliary systems and whatever electronic devices are being 
used for experiments. This is plenty of power to run the control 
system and the experiments (landing gear retraction is not needed 
during cruise). During takeoff, the excess power is cut to 7*9 
kilowatts, due to the extra power that the engine requires. 

Since during takeoff, the electric experiments wouldn't be running, 
all of this power may be used for the control surfaces and 
landing gear. Again, this would be sufficient power to get the 
job done. 



COST ANALYSIS 


DION L. BUZZARD 

The cost of the HIF2 has an estimated value of 245.3 million 
dollars from the program used. This analysis assumes that there 
is a strong relationship between mass and cost. It has also been 
developed for costing of spacecraft not airplanes therefore the 
result at best is an approximation. The power systems of the 
HIF2 are based on future technological improvements which will 
add to the costs in research, development and testing. The 
structure is made of advanced composites with more detailed 
surfaces than that of a typical spacecraft. This alone could 
raise the cost to over a billion dollars since the plants weight 
is mainly structural. A final note is that cost is hard to 
determine especially for the future. 


9-1 

* 


i 



COSTS FROM THE PROGRAM ANALYSIS 


STRUCTURES 
ATTITUDE CONTROLS 
ELECTRICAL POWER 
PROPULSION 

I DDT & E 

: 44 . 0 

; 2i.8 

: 7.7 

: o.5 

FHA 

12.9 

4.9 
0.1 

o 

: TOTAL 

i 56.8 ! 

1 26.7 : 

: 7.9 ; 

: 0.5 ; 

SUBTOTAL 

: 73.9 

1 

17.9 

: 9i.9 : 

SYSTEM TEST HARDWARE 

1 

: 28.6 

0 

i i 

! 28.6 I 

SYSTEM TEST OPS 

: i6.8 

0 

: i6.8 j 

BSE 

: i4.3 

o 

: 14.3 ; 

SE & I 

: i5.6 

3.8 

: i9.4 ; 

PROGRAM MANAGEMENT 

: 9.7 

1.6 

: ii.3 

SUBTOTAL 

: 158.9 

1 

23 . 3 

: 182.2 : 
i i 

CONTINGENCY 

1 

: 31.8 

4.7 

i t 

; 36 . 4 ; 

FEE 

! 19.1 

2.8 

! 21.9 : 

PROGRAM SUPPORT 

: 4.2 

0.6 

: 4.8 : 

TOTAL 

: 214.0 

31.3 

! 245.3 : 


DDT & E : DESIGN DEVELOPMENT AND TEST 
FHA s MANAGEMENT AND PRODUCTION 
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I-ackagi ng and Assembly of the HI.- 2 
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The transport of the HI7 2 
of t>;e cor;::r.ento here on Zarth . 

. / y 1_ J_ V. p + y 3_;o .^rOTt 8i + 0 the S TT 5.C 9 


broken down *ail boons , the main 
two rudders, and the rest of the 


to rare begins with the pac haring 
-a total of five boxes and the fuselag 


station. These boxes 

c ont a in 

the 

»v in±r br o Vi e n i n t o nine 

parts , 

the 

airplanes components 

in their 

' final 


states . 

After transport to the space station, the boxes containing the 
wing and elevator sections are broken down. The remaining two boxes, 
fuselage, and airfoil sections are placed in the transport as shown 
in fig.iO.l. The two remaining - boxes are equal in weight so that 
the transport cargo bay is symmetrically weighted. 

After arrival cn bars, the HIF 2 has been designed so that the 
broken down structures may be assembled easily. The cylindrical 
graphite-epoxy spars will have short extensions that will slide inside 
the next spar. They will then be locked together with three bolts: 
two vertical and one horizontal, as shown in fig. .2. The landing 
gear is then bolted to the wing spars and the extra supports. Next, 
plywood panels are attatched over the bolt openings and preliminarly 
secured by wood glue. Then Kelvar is wrapped over these plywood 
panels and sufficiently secured to the skin. The tailbooms can then 
be bolted to the spars of the tail and wing through the skin. The 
fuselage is then secured to the wings by large bolts through both 
spars of the wing and the beefed-up fuselage roof frame. The landing 
gear storage pods are also bolted through the skin to the w ing spars. 
Next, the internal components are bolted into their assigned positions 
Finally, the propeller is bolted onto the transmission drive that 
runs through the rear bulkhead of the fuselage. 
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Side View of Transport Craft 
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RESCUE SCENARIO 


Richard R. Monke 


A rescue operation is to be provided for a survivor of a 
crash. With the survival kit, the stranded p(fol^t will locate 
himself near a plain and radio in his coordinates. The rescue 
plane will then land at this location. Next, the solid rocket 
thrusters and ballast are removed from the second seat. The 
thrusters are then attached to the fuselage at the assigned 
location. With ^fToJe^s aboard takeoff is commenced. Due to lack 
of surface operations personnel, this rescue scenario is 


uncertain. 
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PROJECT OVERVIEW 


The objective of the Mar's aircraft project was to generate a preliminary 
design for a manned vehicle capable of extended flight in the Martian 
atmosphere. The main design criteria were as follows: 


1) Capable of being packaged into a compact unit for transfer 
to Mars via spacecraft. 

2) Easily assembled after delivery to the Martian surface. 

3) Ability to sustain two pilots aloft for a target endurance of 
eight hours. 

4) VTOL capabilities to allow the aircraft to operate from 
desolate areas and to provide grounds for a useful rescue 
scenario. 

5) Reasonably within the grasps of present or near-future 
technology. 

6) Pilot procedures similar to those of a standard airplane for 
the normal flight regime. 

7) Pilot procedures similar to a helicopter for VTOL 
operations. 


Because of the requirement for the airplane to fit inside of a transport 
vehicle, the design was made as small as possible. However, the wing and 
canard spans (37.5 m and 25 m) were required to be quite large due to the 
extremely lo^vScosi^ of the Martian atmosphere. This also mandated the 
use of airfoils specifically designed for low Reynolds numbers for both the 
wing and the propellers. 

Construction materials consist mainly of composites with Boron epoxy 
making up the spars and webs, while the wing "skin" is made of graphite. 
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The large wing span and the requirement to minimize weight made the 
structural design and choice of material a very critical one. 

The gross weight of the aircraft is 7500 Newtons (Mar's Newtons), and it 
is stable for all configurations and possible weight loadings. It has 
excellent rescue capabilities due to its VTOL abilities - greater single pilot 
rescue radius then the normal two pilot radius since the second pilot can be 
replaced with fuel. 

The aircraft, which is powered by three rocket driven propellers 
(separate from the VTOL propulsion system) provides a large safety factor 
by having the ability to achieve excellent climb performance utilizing only 
two of its engines. Hydrazine powers both the cruise and VTOL propulsion 
systems and is stored in the fuselage. 

The design of the Mar's airplane does not rely on speculation of future 
technology nor does it rely on complicated concepts. By virtue of its 
simplicity it is hoped that reliability and actual feasibility of the project 
will be increased. 
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AAE 2H1 
Spring 1988 

INITIAL SIZING DATA SUMMARY 


Gross Weight: 7000 N 

Wing Loading: 93.3 

Fuel Weight: 3500 N 

Useful Load Fraction: 0.671 


Maximum Take-off Power 1000 kW 
Power Loading: 1.0 

Fuel Fraction: 0.5 


Geometry 
Ref. Wing Area 

75 m 2 

AR 

35 


Aerodynamics 


Cruise; C n 
u o 

0.0300 

e o 

0.80 

C L 

1.5 

(— ) 
max 

5.0 


Propulsion 

Engine/Motor Type: propeller rocket 


No. of Engines/Motors 

2 



P Q /engine 

3500 

W 


max 




c_ at cruise - 

15 

.0 

N/kW 

r 

(Mars 

> N) 

Cruise Performance 





h ■ 600 m 

v ■ 85 m/s 


Take-off; C L - 

■ 

max 

Landing; * 

C 1 

■ l max 


not known 

not known 
not known 

not known 


PRECEDING PAGE BLANK NOT FILMED 
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AAE 241 
Spring 1988 
DESIGN DATA SUMMARY 


Gross Weight: 

7502 N 

Maximum Take-off Power 

1000 N | 

Wing Loading: 

66.7 

Power Loading: 


1 . 124 kW 

Maximum Fuel Weight: 

2500 N 

Fuel Fraction: 


0.333 | 

Useful Load Fraction: 

0.493 



1 

Geometry 


Propulsion 


1 



Engine Description 

: rocket driven u 

Ref. Wing Area 

75 m 2 

Number of Engines 

s 

3 1 

AR 

18.75 

P Q /Engine 

3 

4000 W 

a le 

0° 

Weigfif/Engine 

3 

100 lb 1 

X 

1 

Cp at Cruise 

3 

18.2 N/kW 

t/c * 

0.157 

Prop. Diam. 

m 

5 m 1 



No. of Blades 

m 

2 " 



Blade Cruise R g 

m 

0 - 200, « 

Performance 


Aerodynami cs 


■ 

Cruise R 0 - 2.0244 x 

10 5 

Airfoil: 

LA 

203A | 

Cruise h - 1500 m 


High Lift System: 

none 

Cruise M - .35 





Cruise V * 85 m/s 





Take-off Field Length 

1.56 km 

Cruise; C D 

3 

0.0215 

Take-off Speed 

79 m/s 

•o° 

3 

0.080 

Landing Field Length 

1 km 

C L 

* 

1.1830 

Land! ng Speed 

57 m/s 

«- /D max> 

3 

7.3849 

Maximum Landing Weight - 

7502 @ 80 m/s 

Take-off; C L 

3 

1.5425 

OEI Climb Gradient (X): - 


C L 

L max 

- 

2.15396 

2nd Segment 





Missed Approach 


Landing; C L 

3 

1.784 

Sea Level ( ) max 

4.35 m/s 

C L 

max 

3 

2.3275 

Stability and Control 





Static Margin Range 

0.325 - 0.10 




Acceptable C.G. Range 

9.35 - 9.8 




Actual C.G. Range 

9.359 - 9.798 
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A E RO DYNA MI CS 


PAT MORONEY 


Before presenting the airfoil selected for the Mars aircraft, it is 
necessary to discuss the Reynolds number calculated for the wing and 
canard sections. Because accurate coefficient of viscosity data is not 
readily available, a value of p is estimated using the following procedure. 
Accurate atmospheric pressure, temperature, and density data obtained from 
Ref. 1 is plotted and compared to other values of pressure, temperature, and 
density from Ref. 2. The values from Ref. 2 are based upon a NASA, 1967 
model of the Martian atmosphere; however, when the curves of the 
maximum, minimum, and mean values from the model are matched with the 
actual atmospheric data, the mean model data is coincident with the actual 
values. Consequently, mean values of p from Ref. 2 are chosen for the Re 
calculation. A plot of the maximum, minimum, and mean p values appears in 
Fig. 1. At sea level: 

p - 1.31 x 10" 5 (kg/m-s) 

Rewing ■ 2.0244 x 10 ® and Rocanard “ 1-5183 x 10® 

When designing airfoils to fly at the very low Re calculated above, the 
formation of a laminar separation bubble and its effects on boundary layer 
separation are of primary concern. This bubble is formed when the laminar 
boundary layer separates from the upper surface of the airfoil and then 



attaches itself once more as a turbulent boundary layer. According to Ref. 
3, as the Re number decreases, the length of the bubble increases. The 
bubble can become long enough so that it breaks and causes flow separation 
over the remaining downstream portion of the airfoil's upper surface. 
Because of this separation, pressure drag is increased and lift is decreased. 
In order to achieve high lift at low Re, a gradual transition from laminar to 
turbulent flow needs to be achieved so that the condition of flow separation 
due to the bursting bubble does not occur. Although there is an increase in 
skin friction drag, if the flow is systematically transformed into a 
turbulent boundary layer, separation and stall are delayed. For high lift and 
very low speed flight regimes, turbulent boundary layers are desired. 

The airfoil selected for the Mars aircraft is the LA 203A and is a 
member of the Liebeck class of subsonic, high lift airfoils designed for use 
in low Reynolds numbers. These airfoils achieve an orderly transition to 
turbulent flow by incorporating a "transition ramp that will destabilize the 
laminar boundary layer and induce transition ahead of a severe pressure 
gradient where laminar separation is expected" (Ref. 4). More specifically, 
the Liebeck airfoils consist of an, "'optimum' design pressure distribution 
comprised of a laminar 'rooftop', a Stratford pressure recovery, and a 
transition ramp between the two" (Ref. 4). From data on the LA 203A, the 
laminar bubble is practically non-existent at Re numbers of 6.5x1 0$ to 
5x1 q 5- The bubble is first noticed at Re=2.5x105. Additional data from Ref. 



3 shows the flow not separating before stall throughout the entire Reynolds 
number test range of 2.5x1 0® to 6.5x1 0^. Other reasons which justify the 
selection of a Liebeck class airfoil are mentioned in Ref. 5. Liebeck airfoils 
typically , "approach the upper limit of lift coefficient achievable with a 
single-element section without mechanical boundary layer control.... (and) 
also exhibit commendably low drag coefficients in the region of the design 
lift coefficient and low pitching moments." For ease in calculations during 
this preliminary study, the same airfoil is used for both the wing and 
canard. Although the Re of both the wing and canard are less than the 
lowest design Re for the LA 203A, it is assumed that Liebeck will develop 
another advanced airfoil with similar sectional characteristics to operate 
at a lower Re (i.e. 1.5 x 10 5 ) in the near future. Data for the LA 203A was 
obtained from Ref. 3. 

For the Mars airplane, the efficiency of a canard configuration is 
most beneficial from a stability point of view. Trimming the aircraft with 
an upload on a canard instead of a download on an aft tail makes possible a 
lower wing loading, delay in stall, and probably a decrease in drag. A 
rectangular planform (i.e. X-1.0) is employed for both the wing and canard. 
Because the spar and rib sections are constant across the span, there are 
cost benefits to this simple design. In addition, an untapered planform will 
probably keep the aircraft's total weight low. Since the Re at the wing tips 
is already 2 x 10$, any further decrease in chord will most likely lead to 



flow separation near these tips (if it has not occurred already). An ideal 
taper ratio (for minimizing induced drag) will increase the root chord of 
this aircraft by a few meters in order to maintain approximately 2 meters 
of chord at the tips; therefore, the weight of the wing would be much 
greater than it is now. As stated in Ref. 6, "the simplest way to obtain a 
satisfactory wing from the standpoint of stalling is to force the stall to 
occur first at the root, with a relatively slow rate of progress toward the 
tips.. ..the problem of delaying stall near the tips with a tapered wing is 
more difficult than with a rectangular wing because of the lower Reynolds 
number at the tips, which favors early tip stall." Therefore, in the low Re 
flight regime of the Martian atmosphere, a rectangular wing should have 
more favorable stalling characteristics. A final reason supporting 
rectangular planforms is that the possibility of the aircraft going into a 
spin is minimized because, as mentioned in Ref. 6, both wings are likely to 
stall simultaneously. The wings are also unswept and have no dihedral for 
simplicity in design and because these stabilizing contributions are not 
needed. All calculations in this preliminary study neglect the effects of 
wing and canard twist; however, these factors and the effects of the canard 
vortices on the wing should be accounted for in a future iteration. 

Airfoil sectional data, wing data, V cru j se and Cla vs. a values, and a 
drag polar with parasite drag breakdown are given below: 

AIRFOIL SECTIONAL DATA: 



c lmax " 1 *7 
c ia - 0.1000/° 


CmcM “ *0-17 


a OL“ ■ 6 0 ° 

max *15.7% 

Figures 2,3,4, and 5 at the end of the aerodynamics section show the 
geometry of the LA 203A, a graph of q vs. a, q vs. qj, and q vs. c mc /4 
respectively. 


WING DATA: 

^wing ■ 37.5 m 
°wing " 2-0 m 
Swing ■ 75 m2 
AR wing “ ^8-75 
Awing “ 0 
*wing -8 
awing " -0895/° 


b canard ■ 25 m 
°canard ■ 1 -5 m 
^canard " 37.5 m2 
AR canard " ^ 8-87 
^canard “ 0 
^canard " 1 0 
acanard “ -0884/° 

■ .95 


CRUISE VELOCITY & C|j\ vs. a 

The stall speed of this aircraft was one of the first calculations made 
in the design; consequently, it is based on the cl ma x of the airfoil section 
and not the aircraft because the incidences of the wing and canard were 
unknown at the time. Using the relation: 

Vstall - (2(W/S)/p oimax) 1/2 

the stalling velocity was computed to be 70.92 m/s. Therefore, to provide 


the pilot with a comfortable envelope in the event of OEI, the cruise speed 
was determined to be: 

^cruise ■ 1.20(V sta ||) = 85.0 m/s 
which also corresponds to a: 

Cl = 1.1830 . 

Once Stability and Control computed the incidence angles of the wing and 
canard, the Cla (aircraft) vs. a (body) was calculated using the relation: 

C LA - CLwb + 7 lc( Sc/Sw ) c Lc- 

From the plots of Cla vs - a > Clc vs - Cl_A> an d Clc vs. CI_wb shown in Figs. 
6, 7, and 8 respectively, the following values were determined: 

a aircraft = -1315/° 

CLmax aircraft - 2.3132 (when Clc ** 1.7, i.e. canard stalls) 

V stall of aircraft * 60.79 m/s 

Therefore, at V cru j S e - 85 m/s, there is a comfortable velocity margin 
above the aircraft's stalling speed. 

DRAG POLAR 

Using methods in Ref. 7, a drag polar for the Mars aircraft was 
calculated. A graphical illustration of this drag polar is presented in Fig. 9. 
Since this aircraft does not utilize flaps in the take off or landing 
configuration, the same drag polar shown below is used throughout the 



design. The drag polar includes the following contributions: 

Cd - (Cdo)W + (Cdo)B + (CDo)V + (CDi)WB + AC Dmisc 

where: 

(CDo)W * zer0 ,ift drag coefficient of the wing 
(CDo)B ■ zero ,ift drag coefficient of the body (fuselage) 

(Cdo)v * zero lift drag coefficient of the dorsal and ventral fins 
(CQj)WB - induced drag coefficient of wing-body combination 
AComisc" estimation of miscellaneous zero lift drag contribution 
and the calculated drag polar is: 

Cd - -0215 + .0331C1.2 + 3.0001 a3. 

The parasite drag is broken down into the following components: 


(Coo)wing : 

.0106 

(Coo)canard: 

.0053 

(C Do) wing + canard: 

.0159 

(Coo)body : 

.0022 

(CDo)booms : 

.0017 

(CDo)nacelles : 

.0003 

(Coo)ventral fins : 

.0004 

(CDo)dorsal fins : 

.0006 

A CDmisc : 

.0004 

(CDi)WB: 

.0463 


(at cruise and assuming a = 0°) 


Note that a is the angle of attack of the fuselage. A graphical percentage 
distribution for the parasite drag components is given in Fig. 10. 
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Data from "NASA 1 967 MEAN MARS MODEL 
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^ cl vs. alpha (deg.) for the LA 203A airfoil 









CL canard vs. CL aircraft 



CL canard vs. CL wing 



CL wing 

(Figure S) 
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PERFORMANCE 


Karen E. Forest 


When reviewing the performance of an aircraft, the first things to look 
at are the power curves. The Power available and Power required versus 
velocity curves are shown in Figure 2.1 and 2.2. In Figure 2.1, along with the 
Power curves, is the Power available with one engine inoperative. In this case, 
tne available power is reduced by one third (this aircraft is operated with 3 
propellers). As can be clearly seen, a missed approach is not a problem since 
there is still plenty of excess power. It is necessary at this point to comment on 
the seemingly infinite Power available. The numbers on the graph are accurate in 
the flight regime that this aircraft will be performing (l.e., cruise velocity of 85 
m/s). However, once above our cruise velocity, the propeller tips will reach a 
velocity such that the Mach number will approach one. At this point, transonic 
drag effects will begin to reduce the shaft power. Because the loss of power is 
beyond this aircraft’s requirements, these effects were ignored. (This 
discontinuity will be discussed further in Power and Propulsion.) There is a 
slight problem with using inaccurate data for the Power curves, even above our 
area of interest. Because the Power data is not computed correctly above cruise 
velocity, the maximum excess Power cannot be determined. However, the rate of 
climb can be found with a given velocity, which is done in this case. 
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A mission profile is given in Figure 2.4. The conditions for both conventional 
and VIOL take-off and landing are given. The conventional take-off will place 
the aircraft at 15 meters altitude with a velocity of 79 m/s. During climb the 
plane will ascend the remaining 1485 meters (cruise altitude is 1500 meters) 
and reach a velocity of 85 m/s (cruise velocity). The maximum amount of fuel 
mat can be used during cruise is 2236 N (as shown in Figure 2.4). The next 2 
values for fuel weight (2615 N and 2836 N) are instances where there is only one 
passenger with no equipment. The weight that is allowed for a second person can 
be used to carry fuel, thereby Increasing the endurance of the aircraft by 
approximately twenty percent. This would be very useful in the rescue scenario. 
Only one passenger without equipment would be flying to reach the injured or 
stranded party. The extra fuel that could be carried (600 N) minus tne fuel 
needed for VTOL would allow the aircraft to rescue someone 154 km outside the 
normal radius of the alrcraft.*Flgure 2.5 shows a summary of aircraft 
characteristics, including the absolute celling. The level flight performance 
envelope which also shows the absolute ceiling is given in Figure 2.3. 


*lt should be noted that the total amount of fuel allowed was used in the 
endurance calculations. In reality, those values would be less to allow for a 
safety factor. 
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This aircraft has very reasonable performance characteristics. However, it 
has not reached the eight hour endurance required. There have been suggestions 
made to increase the endurance by carrying extra fuel instead of equipment or an 
extra passenger If the purpose of this Mars plane is to investigate the planets 
surface, then six hours endurance is not only reasonable but practical. A person 
would not function well In a small aircraft for eight hours. The original reason 
for the Mars plane was to carry men and materials to distant sites that could not 
be reached by land vehicles, In this case, the range of 1854 km (927 km radius) 
is sufficient. 
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Fi g. 2.1 

"Power vs. Vetocty - Sea Level “ 



"Power vs. Velocity -1.5 km" 



PavaifkW) 

P-OEI(lrW) 

Pr«|(KW) 


-o- Pavtipcw) 
•+■ Pr*q(KW) 


Velocity (mis) 







FIS 2 A 


CONDITION FUEL USED (N) RANGE (km) ENDURANCE (SCC) 

CONVENTIONAL 


Take-off 

168.0 

— 


Landing 

VTOL 

32.0 



Take-off 

159.0 

(at W = 6252 N) 

- 

Take-off 

230.0 

(at W = 7502 N) 

- 

Landing 

62.0 

- 

- 


CLIMB 

38.7 

26.4 

322.70 

DESCENT 

25,2 

17.8 

209.70 

CRUISE 




Normal 

2236.0 

1810.0 

21295.0 (5.9 hr) 

Rescue (carry fuel) 2615.0 

2118.0 

24912.0 (6.9 hr) 

1 Pass (carry fuel) 

2836,0 

2295.0 

27000.0 (7.5 hr) 


TOTALS conventional, normal 

2499.9 N 1854.2 km 6.1 hours 


c 
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Eig, 2.5 


HARACTERISTIC 

CLIMB 

CRUISE ALT 

DESCENT 


R/C 

435 m/s 

4.96 m/s 

-7. 15 m/s 


Angle of attack 

3.16 deg 

3.35 deg 



Preq 

24.1 kW 

24.4 kW 

24.4 kW 

c ~ 

Pavail 

56.0 kW 

60.6 kW 

60.0 kW^ 

Velocity 

79.0 m/s 

85.0 m/s 

85.0 m/s 

Vstall 

71.0 m/s 

74.0 m/s 

61.0 m/s / 

4 
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POWER AND PROPULSION 


JAMES V. LEROY 


General Pig ciissi Q .il 

The Martian atmosphere, as can be seen from figure 1, is such that the 
options for propulsion systems are quite limited. Because of the extremely 
low oxygen content, any type of "air breathing" engine would be required to 
carry its own supply of oxygen. The on-board storage of the oxygen and the 
weight of the storage system thus add complexity which may or may not be 
feasible depending on the aircraft's design function. 

Another possible option is that of a solar/battery powered system. 
However, with this design the need arises for heavy batteries and solar arrays 
which may require that the aircraft be "built around" the propulsion system. In 
other words, the entire aircraft may have to be designed in such a manner as to 
accomodate the propulsion system (for example - the use of an unnecessarily 
large wing in order to carry all of the solar panels required). Also with this 
system, the design team would probably be forced to rely heavily upon the 
speculation of future technology. 

Martian Atmosphere Composition 

C0 2 95% 

No 3% 

Ar 2% 

water vapor, oxygen , 1 % 

neon, CO, krypton, 
xenon, ozone 

Figure 1 

Rocket power has the definite advantage of being available with today's 
technology, relatively simple and easily capable of providing the requirec 
power. The main drawback of the rocket system is the associated massive fue 
consumption. This factor alone makes rocket power inadequate for a 
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lightweight, extended endurance aircraft. 

After analyzing the formentioned possiblitites and associated drawbacks, 
a decision was made. Instead of designing the aircraft around a propulsion 
system, a somewhat unusual system was designed which takes advantage of 
the benefits of several concepts. 




The Propulsion System Chosen . ... 

The propulsion system chosen for the Mar's reconaissance aircraft 
consists of three, rocket powered, controllable pitch, dual bladed propellers 
mounted in the pusher configuration. In short, the system consists of a| 
propeller which is driven by small rockets built into the extreme tips of the 
propeller blades. 

The system thus combines the advantages of rocket propulsion (i.e. 
simplicity, reliability, high thrust) with the fuel efficiency advantages 
associated with the concept of a high bypass turbofan engine. In addition it is 
simple in construction and in concept. The technology required to design and 
develop such an engine is well within the grasp of present technology. 

The main disadvantage of this system is a somewhat larger fuel 
consumption, however, this is balanced out by the elimination of large bulky 
machinery - the rocket prop requires no engine to drive it other than the small 
rockets in the propeller tips. In addition, with the elimination of the engine 
hardware there is a elimination of the required cooling systems. (Since the| 
Martian atmosphere is so thin, an aircooled internal combustion engine would 
possibly suffer overheating problems.) 

Because of its extreme simplicity, the rocket-prop system might easily 
prove to be more trouble-free and thus more reliable. This is a great advantage 
since maintanance and replacement parts on Mars will be extremely limited. 




I 

I 

I 
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Description of the Rocket Propeller System 

As previously stated, the rocket propeller propulsion system consists of 
three, rocket powered, controllable pitch, dual blade propellers mounted in the 
pusher configuration. The system yields a fuel consumption rate which is 
lower than that of a conventional rocket propulsion system by a factor of 2.25. 
Specific fuel consumption remains approximately constant over the entire 
operating range: Cp - 18.2 N/Kw-hr (Mar’s newtons) both at sea level and at 
cruise altitude (h - 1500 m). 

Figure 2 shows a front and side view of the engine as well as the 
associated dimensions. As can be seen, the system is quite simple consisting 
of a rather large propeller (5 m diameter) with two small rockets built into the 
tips. The propeller is mounted on a 10 cm diameter hollow steel drive shaft. 
The shaft is then mounted into three support bearings. Each bearing is enclosed 
and is bathed in a lubricating fluid. A fuel pump and an alternator are also 
geared to the drive shaft. The propeller pitch is controlled by a small hydraulic 
system which automatically feathers the propeller should the rotation rate 
decrease below a specified limit. 

The cockpit engine controls associated with this system consist of a 
throttle (fuel flow control), and an RPM control (blade pitch control). The pilot 
simply sets the RPM control for the desired rotational rate and then applies 
throttle as needed. Because of the increased efficiencies obtainable with 
higher propeller rotation speeds, a design RPM of 812 RPM was chosen. At this 
rotation rate, the transonic effects at the tips are negligible but are 
approaching unnegligible limits due to critical Mach. 

Fuel is pumped through the hollow engine crankshaft into the hub of the 
propeller. It is then fed radially outward through fuel ducts located inside the 
propeller blades to the small rockets located at the tips. 


3- 


3 




2.35"»n 


The propeller blades are detachable from the hub which will allow access 
to the fuel ducts. The rockets are also detachable to accomodate servicing 
and/or replacement and contain ceramic sleeve inserts which serve as 
combustion chambers. Since the required rocket thrust is so low (5 Ibp/rocket 

at cruise) the rockets are expected to last for at least several flights. After 
rocket deterioration has progressed beyond a safe limit, the ceramic insert is 
simply replaced. 

It was first thought that an attempt should be made to keep the heat 
produced by the rockets contained at the tips of the propellers. However, after 
further consideration it has been determined that the heat should be allowed to 
conduct itself through the propeller. In this way the propeller serves as a 
large cooling fin and thus operating temperatures are reduced considerably. 

Rocket Prop Performance 

NOTE: All engine performance numbers and graphs are relative to one engine 
thus to obtain "total values" it is necessary to multiply by a factor of three. 

Because of the rather low thrust required by the rockets at the propeller 
tips (5 Ibp/rocket at cruise) , the limiting factor in terms of performance is 

considered to be the propeller (propeller design will be discussed later). Thus 
in determining the various engine performance graphs it was assumed that the 
rockets were capable of providing the required thrust at all conditions. This is 
of course an extreme assumption but for the flight regime of the aircraft in 
question, it is acceptable. 

From figures 3 and 4, extrapolation yields a static maximum thrust and a 
static maximum shaft power of 175 N and 4.3 Kw at sea level. Figures 5 and 6 
give the identical parameters at cruise altitude (1500 m) to be 155 N and 3.0 
Kw. 
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Figure 6 
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As vehicle flight velocity is increased it is necessary to decrease the 
rotational speed of the propellers to avoid large drag increases due to 
transonic effects at the tips. Rotation rate is kept constant at 812 RPM (85 
rad/s) except when it becomes necessary for a reduction. The design Mach 
number for the tips is .95 and all transonic effects at the speed are ignored. 
Once again, the propeller blade itself (not the tip - rockets) is consider to be 
the limiting factor for engine performance in all calculations. 

Figures 7 and 8 show fuel flow data per engine at sea level and 1500 m 
respectively (V - 85 m/s). Although fuel burn rates increase steadily with 
airspeed, specific fuel consumption remains approximately constant: Cp - 18.2 
N/Kw-hr. 



THRUST (N) 
Figure 7 
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THRUST (N) 

Figure 8 


Propeller Design 

The design of an efficient propeller was considered to be the single most 
important feature of the report, since propeller performance influences total 
engine performance more than any other single feature. 

Because of the extremely low Reynold's numbers associated with the 
Martian atmosphere, standard propellers containing standard airfoil designs 
are unacceptable at best. Proper propeller design includes selecting airfoils 
which are appropriate for the low Reynold's numbers (0-200000) and which 
also provide acceptable structural margins (i.e. thick near the hub and thin at 
the tip). 

Three airfoils were chosen for the design: 
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.Lo c a tio n 


1) LA203A Inner third of radius 

2) LNV109A Middle third of radius 

3) Eppler 387 Outer third of radius 

All three of the above are specifically designed for low Reynold's numbers. 
The LA203A is a thicker airfoil thus it was selected for use near the hub 
where the stress concentration will be the greatest (1). The Eppler 387 is a 
relatively thinner airfoil section thus it is adequate for the outer regions 

near the tip (2). The LNV109A is an "in between" thickness and thus allows 
for a smooth geometric transition from the hub to the tip (1). 

An algorithm was obtained from a paper written by Eugene Larrabee (3) 
for determining optimum propeller design and "off-design" performance. The 
algorithm, which utilizes Goldstein's solution, was then incorporated into a 
computer program which proved to be instrumental in determing the best 
design for the given conditions. 

The lift and drag curves for each of the three airfoils were plotted and 
modelled mathematically. The resulting equations were then incorporated 

into the propeller design program. An optimal angle of attack was selected 
for each airfoil (based on maximum L/D) as well as the associated drag vs. 
lift ratios. These values were also included in the program. A design point 
was then decided upon (design criteria - engine out climb capabilities at 
cruise velocity) and a propeller design was specified by the program. 

The propeller was then analyzed utilizing momentum theory and modified 
blade element theory (4), (5). Both methods verified the design and thus 
support the computer procedure. The resulting geometry is shown in figure 9 ) 
where "r" is the distance from the hub, "R" is the propeller radius, and beta is. 

the angle between the chord and the plane of rotation. * 
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Propeller Geometry (V - 85 m/s; T - 200 N) 


r/R 

.1 

.2 

.3 

.4 

.5 

.6 

.7 

.8 

.9 

beta 

85 

74 

64 

56 

49 

44 

39 

36 

33 

(deg.) 
chord (m) 

.1 

.17 

.26 

.40 

.42 

.39 

.35 

.29 

.20 


Figure 9 

As can be seen from figures 10 and 11, efficiency at cruise (roughly 100 
N/engine) is around* 88%. Figures 12 and 13 show the necessary change in 
beta (beta prescribed by figure 9) necessary for a given thrust when at cruise 
velocity (85 m/s). 
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Figure 12 
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Figure 13 


Fuel Selection 

The ideal fuel would be a monopropellant that offers no storage or 
stability problems, is liquid at the operational temperatures and affords a 
high specific impulse. The fuel found to match this description most closely 
is hydrazine (6), however a somewhat optimistic value for specific impulse 
was used to attain the present fuel consumption data (assumed specific 
impulse - 350 s). 

The advantages of hydrazine (monopropellant) are: 

1) Can be decomposed by a suitable solid catalyst (Iridium) 

2) Reliability and simplicity of a single feed system 

3) Stable up to 530 °K 

4) Easily stored for long periods of time 
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The hydrazine will be pumped into the rocket and ignited via a catalyst 
mesh. For starting, the mesh will require pre-heating. 


Engine Inoperative Drag 

All three engines have feather capabilities such that beta is increased by 
40° over the values specified in figure 9. The result of this is an engine out 
drag of: Drag - .0195 Rho (Vel)^ Newtons, where Rho is expressed in Kg/m^, 
and Vel is expressed in m/s. For cruise conditions this results in a drag of 
2.2 N for a feathered inoperative (not turning) propeller. 

In Conclu sion- 

In conclusion, it should be emphasized that although this system may not 
be as fuel efficient as various other types of propulsion syustems, it offers 
extreme simplicity and eliminates the need for heavy machinery. By virtue of 
the fact that there are less moving parts the rocket-prop could quite possibly 
prove to be more reliable and easier to maintain. 
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Stability and Control 


Philip Lange 


This section covers the information pertaining to the stability and 
control of the aircraft. The development of the various control 
components will be examined. First, the sizing of the canard and 
elevator is presented, followed by the vertical tail and rudder 
selection. Next, the proper aileron size is calculated, followed by a 
discussion of the aircraft's ability to meet the listed design 
requirements. 

Sizing the canard consists of determining the best combination of 
canard area and distance between wing aerodynamic centers. After 
numerous iterations, the combination chosen for this aircraft is a 
canard area of 37.5 m 2 and a distance of 15 m between wing 
aerodynamic centers. This results in the neutral point being located 1 0 
m behind the canard's aerodynamic center. (See figure 1 ) Using a 
cruise weight of 6252 N ( aircraft weight with only half fuel), a 
cruising altitude of 1.5 km and speed of 85 m/s, the wing incidence is 
set at 6.18° to enable the fuselage to be level at this configuration. 
The corresponding canard incidence is then 8.59°. (See reference 1 and 
2 ) 

Next, the area of the elevator is chosen to be large enough to 
provide sufficient control of the aircraft, yet small enough so the 
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canard is not overloaded. Since the elevator span is equal to the span 
of the canard, an overly large elevator would cause much torsion in the 
canard, thus necessitating more structure and weight. Hence, the chord 
of the elevator remains at 0.30 m, corresponding to an elevator 
effectiveness of 0.30 (5 e max = 30°)- The structure group confirms that 
such a small elevator would pose no structural problems. As shown by 
Table 4.1, the elevator is of adequate size to furnish ample control 
power. 

In order to keep the aircraft sufficiently stable, the smallest 
allowable static margin must be equal to 0.10. In following this 
constraint, the most rearward center of gravity is restricted to 9.8 m 
behind the aerodynamic center of the canard. Using the above 
configuration, the center of gravity range is equal to 2.47 m. Such a 
large theoretical range is desirable for weight and balance, but is 
unfortunately inconsistent with the flying requirements outlined in 
Table 4.1. When confined to these requirements, the most forward 
center of gravity is limited to 9.35 m aft of the canard’s aerodynamic 
center. The limiting condition, namely the canard power needed for 
take-off rotation, is itself constrained by the take-off velocity. The 
center of gravity range is thus limited to only 0.45 m. This range 
corresponds to a maximum static margin of 0.325 and a minimum static 
margin of 0.10. Wing sweep is not incorporated in this design due to 
the possibilty of wing damage from the exhaust of the rocket 
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propellers. 

With the above configuration, the aircraft exhibits sufficient 
longitudinal control power for the flying requirements, and it has 
adequate stability. In addition, the actual center of gravity range is 
consistent with the allowable range as outlined in Weight and Balanre 

After the canard is sized, the various stability and control 
derivatives are calculated according to reference 3. ( See Table 4.2) 
The vertical stab^fjjJers are then sized, and checked against the 
control requirements found in Table 4.1. Due to the area of the required 
structure to raise the engines, the vertical stabilizers, which contain 
the rudders, needed to be smaller than expected. The rudders are 
placed beneath the main wing in order to prevent disturbing the flow to 
the propellers. (See figure 4.1 for exact placement) Two rudders, each 
of 1.5 m2 , are sufficient to provide directional control as defined by 
the flying requirements outlined in Table 4.1. 

The remaining requirement is for roll control. Spoilers, desirable 
because of their design simplicity and proverse yaw effects, are 
unacceptable due to the possibility of separating the flow from the 
wing when deployed. Because of the undesirable spoiler effects, 
ailerons are used for roll control. The initial choice of aileron 
dimensions of 3 m by 0.50 m is unchanged. This size provides the 
aircraft with adequate roll control for all flying requirements. In order 
to avoid performance problems encounterd from producing turbulence 
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forward of the propellers, the ailerons are positioned lateral to the 
propellers. The proximal end of the ailerons are 8.5 m from the 
centerline. (See figure 4.1 ) A maximum aileron deflection angle of 20* 
is sufficient to conform to all the flying requirements found in Table 
4.1. 

The various control, surfaces outlined in this report will be 
controlled by electric servos. This system is designed to be 
dependable, easily maintainable, and simple enough for the fabrication 
of the aircraft in space. Since such servos are now used extensively on 
military aircraft, they are already proven to be reliable. The ease of 
maintenance is accomplished by having only three systems in the 
control loop. These divisions are the pilot's controls, the 
signal-carrying wires, and the servos, each of which are easily 
accessed. Since the servos are mounted and calibrated at the factory, 
and the wires are disconnected at the aircraft's seams, the fabrication 
is trivial. One last characteristic is that since the servos are 
electrically activated, they can also serve as trim tabs since they may 
be moved during flight to correspond to a neutral stick position. As 
discussed above, this system is well suited for the design 
requirements. 

In conclusion, the designed control surfaces and overall 
configuration are consistent with, and frequently perform better than 
the design requirements. 
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Flyi n g Re q uirement s; 


Condition 

Requirement 

Performance 

Take-off rotation 

The ability to rotate 
at 0.9 Vjq. 

Rotation velocity is . J 
0.95V T0 

Engine-out control 

The ability to maintain 
a straight flight path at 
0.9 V to with OEI, J3 = 0, 
and d r max- 

At V = 70 m/s, with OEI 
only 2.4° of rudder 
deflection is needed to 
maintain a straight 
path. 

Engine-out control 

The ability to maintain 
a straight flight path at 
1-IOVjo, 0.75d rmax , 
and f = 5 # 

At V = 85 m/s only 72* 
(18°) of rudder 
deflection Is needed 
while f = 1 .70*. 

Banked turn 

Sustain a 30° banked, 
coordinated turn at 
v cruise and h cruise. 

A 40° banked turn is 
possible at these 

conditions. 
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Roll response 

Roll 30° within 2 sec. 
of a maximum aileron 
deflection at V crU j Se 

Only 1 1° of aileron 
deflection is needed to 

roll 30° in 2 s. 

Stall 

Sufficient control power 
to hold Cf-'i = 0 at C|_ max 
at landing conditions 

See explanation* 

Roll response 

Roll 30° within 2 seconds 
of full aileron deflection 
at Vapproach 

Same roll response as 
previously stated since 
the velocities are 
similar. 

Crosswind landing 

Sufficient directional 
control to hold 3=10° 

A 10° sideslip can be 
maintained using only 
4.89° of rudder 
deflection. 

Full rudder 
sideslip 

Maintain wings level 
in a full rudder sideslip 
using only 75* of the 
lateral control power 

A 51° sideslip is 
maintained with a full 
rudder deflectionof 25° 
This requires a 67* 
aileron def.(13.6°) 
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* Due to the canard configuration , it is impossible to stall the 
aircraft unless the center of gravity is located 0.31 m behind the 
neutral point. At landing. Cl = 0.89C L max ts attainable with an 
aircraft angle of attack equal to 4.84°. 

Table 4.1 


Stability and Co ntrol Derivatives 

Sideslip angle,# 

Cyjj = -0.765/rad C]# = 0.05 1 7/red C n j 3 = 0.089/rad 

Rolling velocity, p 

Cy P = 0.04 1 /rad Cj p = -0.622/rad C np =-0. 1 85/rad 

Aileron deflection, da 

c yda = 00/rad C](j a =-0.1 95/rad C n( j a = 0.0063/rad 

Rudder deflection, dr 


Cydr = 0.0512/rad Ci,j r =-0.0344/rad C n( j r =-0. 1 82/rad 

Angle of attack, a 

C La = 7.506/rad C Ma = -3. 1 5/rad 

Table 4.2 (Ref 5) 
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3 Roskam, J., Methods for Estamating Stability and Control Derivatives 
ofConventional Subsonic Airplanes. 1977 
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STRUCTURAL ANALYSIS 


MICHAEL ENRIGHT 

ft 

Tne structure of the Mars aircraft is a relatively simple structure consisting, 
of spars, weos, and skin covering, in addition to tne engines, landing gear, etc. 
Figures 5.1 tnroougn 5.7 illustrate the moments, shears, and loads acting on 
various parts of the wing. The loads for the wing lift and tne wing weight were 
done using Snrenk approximations, From these loads it then becomes necessary to 
design a structure that will support these loads. The maximum moment tne wing 
experiences occurs at the root and has a value of 20,292 N-n in 1G flight. This 
number was then multiplied by 4.5 to accomodate a maximum 3G flight and a 
safety factor of 1.5. From this value, other parameters had to be incorporated to 
find the dimensions of the spar that would support it, these being where along the 
chord snould the center of the cross section be placed, and which type of material, 
due to it's ultimate yield strength, should be used. Because of the high moment on 
such a thin wing it became necessary to abandon the idea of a circular cross 
section, and try ones of a different shape. After experimentation with several 
types, an elliptical cross section was chosen, which will be centered at the 
quarter chord length. Figure 5.5 illustrates tne wing cross section at the root, 
where tne maximum thickness is .36 meters. Following are tne dimensions for tne 
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semi-horizontal axis * 0.30 meters 
semi-vertical axis = 0.15 meters 
thickness = 4.5 x 1 0E-4 meters 
Because certain parts of the aircraft experience greater stresses than others, the . 
aircraft will be made out of two different Advanced Composite Materials, 
Boron/Epoxy and Graphite/Epoxy. Some characteristics of each are shown below: 



Graphite/Epoxy 0.055 214 

Boron/Epoxy was chosen for the spars and webs on the main wing and the canard, 
it will also be used for the frame of the fuselage, which will consist of two spars, 
one on each side of the pod, and cross-fasteners with a Mylar covering over the 
top. Tne pod will be made out of Graphite/Epoxy except for the clear plasticpanel 
which wiii also serve as an entrance into the pod. The rest of the aircraft which 
consists of mainly skin coverings will be made out of Graphite/Epoxy. 

This one was done for two reasons, the first being that the skin doesn't need to be 
as strong as tne webs and spars, and secondly, Graphite/Epoxy composite material 
is 75^ mat of Boron/Epoxy. 

The Load vs. Span diagrams for 1G flight and on the ground illustrate a 



non-constant wing weight. This is due to the fact that the number of webs anc 


size of tne spar decrease past the 7 meter point along the span, which can be seen 
ir ; f:.yj rai = •• gp.g =4 jnis was done to save weight since the heaviest 'veicnt 
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other than the wing itself past the 7 meter point is outrigger gear, which fcas 
negligible weght. At six meters along the span both the engine and the thruster 
are located, which again can be seen in figures 5.1 and 5.4, in addition to figures 
5.9 ana 5.10. The engine and the thruster weigh 150.33 N and 28.6 N, respectively. 
5ecause of the weight concentration at this point webs were put directly on each 
sioe of the engine ana thruster. The spacing for the remaining webs is as follows: 
0.50 meters 0 < span < 7 meters 

0.75 meters 7 < span < 18.75 meters 

The canard consists of only a thruster located at 6 meters, which like on the 
main wing will nave a web directly on either side, but other than these, they will 
also be spaced by 0.75 meters. Figure 5.7 describes the loads acting on the canard 
for 10 flight, the lift, the canard weight, and the thruster wight. As was done for 
tne main wing, the canard’s lift and weight 
were derived using Shrenk approximations. 

Lastly figures 5.9 and 5.10 show all the important structural dimensions and 
tne 8 points were the structure will be disassembled for transport. This along 
with a more in depth discussion of the fuselage will be discussed in the section on 
• acKaging ana Assembly. 
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Surface Operations: 


Nick Jasper 


The landing and take off systems in this aircraft offer a large degree of 
variability in how the aircraft is operated. The systems are designed to provide 
both conventional landing and take off and vertical landing and take off. It is 
intended to be used primarily in a conventional mode due to the fuel limitations 
imposed by VTOL maneuvers. The VTOl capability enables the craft to perform 
rescue missions and operate from unprepared sites. This make's it useful for 
ferrying personnel and small payloads to remote outposts. Also because of the 
VTOL capability, the aircraft can be delivered to Mars and put into operation 
before a landing strip is completed for it. It would, however, suffer an endurance 
penalty if it had to VTOL at all times. 

The VTOL System: 

The VTOL system consists of five, vectorable, 2500 N thrusters based on the 
design used for Viking lander s main engines. The possibility of just taking them 
’off the shelf,’ and making the necessary modifications makes their use all the 
more attractive. They are hydrozine fueled and share a common fuel system with 
the main propulsion system. They hove a length of 23 cm and a diameter of 22 cm. 
(1) In order to allow them to be swept 95° from the vertical in any direction 
without striking the aircraft, they are mounted with a ball-in-socket joint at the 
end of an 13 cm, rotating shaft. The ball -in-socket joint pivots 95° from the 
vertical and the shaft can rotate 360*; in this manner the thrusters are fully 
vectorable. The extra 5* is to allow the thrusters to be vectored horizontally 
regardless of the body angle of attack, which is always less than 4.9°, according 
to Stability & Control. 
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The layout, of the thrusters relative to the aircraft can be seen in figure 1. 
There are three thrusters on the rear wing, two of which are 5 m off the center 
line and at .75 chord and the third is along the center line at the trailing edge of 
the fuselage. The two thrusters up front are also located 6 m off the center line 
and are at the half chord of the canard. The spacing off the center line of 6 m 
corresponds to the same longitudinal axis as the propellors. This makes tying them 
into the fuel system simpler, and, by displacing them from the center axis, 
provides better control. The center aft thruster is positioned further back than 
the others due to a space conflict with the rear landing gear. Also due to the gear 
location, its range of motion is limited from facing forward at all. This does not 
cause any difficulty. The three back-two up configuration works out very well for 
the center of gravity location. At gross take off weight, to hover with no nose up 
or down moment, the two front and one center line rear thruster must put out max 
thrust while the two outer thrusters in the back need only provide 8 1 .2% of their 
total thrust in the vertical direction. This corresponds to a yaw moment 
capability of 17.5 kN-m or 2.8 kN-m of roll moment. These moments would be 
higher at lower weights but the percentage of thrust provided by the two outlying 
rear thrusters compared to to the other thrusters remains approx. 8 IX. 

The choice of five 2500 N thrusters instead of four larger thrusters also 
provides survivability should one thruster fail. It can be seen from fig. 1 that if 
any one of the thrusters were to fail, the eg would remain inside the trapezoid 
formed by the other four. This indicates that the aircraft could maintain an even 
keel and not roll off on a wing as it descends. If any one of the thrusters off the 
center line were to fail, then the pilot should immediately shut down the thruster 
which is across the diagonal from it and go to full vertical thrust on the remaining 
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two diagonal thrusters. He then needs to add enough vertical thrust from the aft 
center thruster to counteract the resulting roll. When a worst case, computer 
aided, analysis is done (2) (3) (thruster failure after a 15 m VTOL from maximum 
take off weight) the weight at failure (due to a minimum required fuel bum) is 
7454.6 N. The single rear thruster applies 32.5° of its total thrust and this leaves 
the thrust short of the weight by 1641.7 N. After the craft drops 15 m, taking into 
account the decreasing weight due to fuel burn and drag, it strikes the ground with 
a velocity of 5.255 m/s. This corresponds to dropping the plane from a height of 
3.67 m with no thrusters. It was with this in mind that the landing gear was 
designed, and it should be survivable with no damage. 

The only other, single thruster, failure which would result in a situation 
other than that just discussed, would be if the single center line thruster were to 
fail. If this were to happen, then the vertical component of thrust in the 
remaining rear thrusters would have to be increased, and, other than that, it would 
not present any severe problems. The pilot in the heaviest load scenario described 
above would still have 1250 N of excess thrust to either complete his maneuver, 
or make a regular VTOL landing. 

The Landing Gear: 

The landing gear design has many criteria which it must satisfy, and it has 
done so reasonably well. The general configuration of the gear can be seen on the 
3-view at the beginning of the paper, and consists of two main gear, located along 
the center line (Fig 2), and two outrider gear, to keep the plane from tipping, 
located 10 m off the center line along the main wing. It should be noted that the 
nose gear is exceptionally close to the eg. This is due to a communication problem 
before the freeze date. Believing the cockpit to be located directly above and 
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extending to just behind the canard, the nose gear was to be placed below the 
middle of the cockpit. Later, when the cockpit was moved further aft, the nose 
gear inadvertently got moved with it, and this change was not noted until after the 
freeze date. The nose gear was not intended to be so close to the eg. It would be 
preferable for it to be approximately as far from the eg as the rear gear. The rest 
of the gear design has been affected by this change. Although it is not optimum, 
the gear configuration appears to be adequate. 

First of all, as mentioned above, the landing gear must survive an impact of 
5.255 m/s. There is a direct relationship between impact velocity and shock 
absorber stroke in the gear, and that is given by (ignoring wheel displacement 
under impact): (4) 


S = 


ll 

2 

w 

ij 

[1 -8 V | 


where: 


S total shock displacement, all gear 
q s efficiency of shock absorber 

w impact velocity 
g gravitational acceleration on Earth 
A reaction factor of the aircraft 


By choosing the impact velocity to be 5.255 m/s, the shocks to be liquid 


springs with an efficiency of .85, and the frame to have the same reaction factor 
as a transport (2.5), it is found that the total shock displacement needed is 721 


cm. The design chosen, as seen in figure 2, can easily displace up to 60 cm apiece 
and, if forced to maximum deflection, may even displace as much as 85 cm apiece. 
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This maximum displacement just keeps the middle section of the gear leg from 
moving between the wheels. This is because there may not be enough clearance 
due to flattening of the tire under such a heavy impact. This gives a total 
deflection of 1.7 m and, theoretically, could withstand an impact of 8.07 m/s, or, 
in other words, a free fall from 8.66 m. More than likely though, such an impact 
would overstress the wing roots, since it is highly questionable that the wings 
could deflect sufficiently 10 m away, where the outrigger gear are located. Even 
if the wings could deflect enough, since the outrigger gear contain no shock 
absorbing mechanism, they, along with the vertical stabilizer built around them, 
would probably be crushed. The 1.5 m length of the landing gear, in addition to 
being able to take a high impact, also serves the purpose of keeping the thrusters 
away from the ground. With the thrusters pointing straight down, this keeps them 
1.14 m above the ground. This elevation is necessary to keep the rockets from 
throwing up excessive amount of debris, which could cause damage to the aircraft. 

Normally, landing gear struts are about three times the shock absorber 
stroke. (4) This problem is avoided by the use of liquid springs as mentioned 
before. Instead of keeping all the liquid in the strut, as is usually the case, there 
is a liquid reservoir above the shock in the fuselage. When the shock deflects, the 
fluid goes into the fuselage, and back out again as the shock extends. There are 
also small electric pumps in the fuselage that allow the gear to be pumped up or 
bled off to whatever length desired. The purpos^or this will be discussed in 
more depth later. 

The tire size choice for the gear was based on observation of tire sizes on 
comparably sized aircraft (Leer Jet, Aztecs, Domier commuter aircraft) rather 
than empirical formula since the formula do not appear to interpolate to other 
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gravities (4). The tires are at a differential pressure of approx. 4.2 kg/cm2 (60 
psi). This falls into the range of what is used for operation from hard desert sand, 
hard grass, and tarmac with a poor foundation (4). These conditions seem to be 
most like that which exists on Mars. Therefore construction of the runway is less 
expensive, since it needn't be concrete. The braking coefficient of the system is 
equal to .6. 

The two main gear are retractable. They don't tuck into the fuselage, 
however. They merely move up out of the way as much as possible to lay 
lengthwise along the fuselage. They utilize an electrically driven, four bar link 
and the front gear fold rearward, while the rear gear, to avoid the center thruster, 
fold forward. The two outrigger wheels, which are part of the vertical stabilizer 
structure, do not retract, but are obviously streamlined by the stabilizer. 

Conventional Landing & Take off: 

For a conventional take off, the aircraft's gear must all be pumped up so 
that the plane sits high and level. If the aircraft is not level, (angle of attack = 0) 
then the canard cannot generate enough lift to rotate the plane around the rear 
gear, which is substantially further back than the eg (the normal point of 
rotation). The pilot then applies full thrust to the props and however much rocket 
thrust as he desires. The amount depends upon how much fuel he wishes to use in 
a tradeoff for how short he wishes the ground roll. When the plane reaches 80 
m/s, he rotates to 2.5° and lifts off. As soon as he leaves the ground, the 
thrusters are cut in order not to waste any more fuel, and the aircraft climbs up 
and out. 

For a conventional landing, the pilot flies in over the 15 m obstacle (the 
prospects of actually finding a 15 m obstacle on Mars are very poor and therefore 




in doing the landing and take off analysis it would've been more reasonable to use 
a height of 7.5 m or 10 m) at approximately 71 m/s and flares before touchdown 
killing most of his vertical velocity. As soon as the tail gear touches, the plane 
will rotate down and the nose gear will touch right away, since the canard will not 
be able to hold the nose up against the moment about the rear wheel. As soon as 
the impact is absorbed, the pilot will bleed the nose gear down to a length of .925 
m. This will cause an angle of attack of - 3.5° and lower the C|_. (This amount of 
down angle will still leave the front thrusters 21.5 cm clearance.) By spoiling as 
much of the lift as possible in this manner (the plane has no flaps or other such 
high lift system), the downforce on the gear is as large as possible allowing more 
effective breaking. The pilot must also apply a certain amount of forward thrust 
from the rear thrusters in order to stop before running off the end of the runway. 
Thrust is applied in the rear only to keep from stirring up dust around the cockpit 
and obscuring the pilot’s view. Obviously, the more fuel he has left aboard, the 
more inertia he has and the more thrust he must apply. 

Take Off and Landing Performance: 

In order to analyze the landing and takeoff performance for both VTOl and 
conventional maneuvers, four computer programs were written. All four have the 
same basic structure with only the necessary changes made for which maneuver is 
actually being looked at. The programs take into account the following: the 
varying thrust of the propellors, the drag of the aircraft in both the vertical and 
horizontal directions, the sweep rate of the thrusters, the fuel bum rate of the 
propellors, the fuel bum rate of the thrusters with varying thrust output, the 
reduction in weight as fuel is burned, the varying of thruster output as is needed 
to support the aircraft, and the in flight variance of the body angle of attack with 
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its effect on lift and drag. All of the above is read in from the keyboard as is: 
specific impulse, maximum values of the vertical and horizontal velocities, 
obstacle height, headwind, surface area of the plane, drag polar, coefficient of 
lift, and how small of a time increment to integrate over. The only thing which 
the programs does not to take into account are the ground effects on lift and drag. 

For take off at a fully loaded weight of 7502 N, the fuel burn s ground rolls, 
total takeoff lengths over 15 m obstacle and time required for(maneuverar4)as 


follow: 


time 

ground roll 

total distance 

fuel burned 

Conventional: 

^thrusters " 12500 

19.56 s 

.47 km 

1.1 km 

171.8 N 

T thrusters = 6000 

31.62 s 

.98 km 

1.6 km 

168.3 N 

T thrusters = 0 

318. s 

1 2.3 km 

13.4 km 

95.4 N 

VTOL 

15.3S 


.6 km 

214.2 N 


As can be seen, if the distance traveled in flight before clearing the 
obstacle is included, then, even with maximum thrust, take off cannot be achieved 
in less than 1 km. If however, the ground roll only were to be considered then with 
6000 N of added thrust, the 1 km goal would barely be reached for what seems a 
good compromise fuel consumption. It is also interesting to note that without the 
aid of the thrusters, the propellors alone would be totally inadequate. 



Landings at just under full load will not be examined since there would be 
no need to try to conserve fuel and the pilot could chose to land vertically or 
horizontally at his option. 

Landing with just enough fuel left to get on the ground and stopped requires 
49 N when using VTOL. When landing conventionally the optimum landing 
parameters turn out to be using 1500 N of reverse thrust upon touchdown. This 
will use 32 N of fuel and have of ground role of .616 km. If an approach speed of 
70.9 m/s and sink rate of 5 m/s is used along with a touchdown speed of 57 m/s 
and sink rate of .5 m/s, and the velocities are assumed to be linear in between; 
then the distance between crossing over the obstacle and touching down is .384 km 
for a total landing length of 1.00 km. 

The fuel bum for VTOL at less than full load and greater than no load will be 
discussed in the Rescue Scenario discussion. 

Ground Support & Conclusions: 

The only real difficulty posed by the current landing gear system is that 
since the bottom of the fuselage is 1.5 m off the ground then the top of the cockpit 
is 3 m high. How does the pilot get into something that is 9 ft high? When the 
craft is at a prepared base with refueling capability, this poses no problem. The 
fueling point is in the back of the cockpit beside the rear seat. Therefore, the 
pilot can get in and out when they bring over the refueling equipment, which must 
obviously include a ladder. When landing at a remote sight the pilot will have to 
use the backup system. This consists of a simple rope and stick ladder with a 
foldable frame to hold it about .3 m away from the fuselage. Although climbing a 
rope ladder in a pressure suit on Earth might be difficult, it should be comparable 
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on Mars to doing it without the suit on Earth. 

In trying to a(sse?)>vhat type of airfield would be needed for this aircraft 
one has to consider the high take off speeds and approach speeds. This is offset by 
the fact that with the low pressure tires it can operate on cleared and compacted 
Mars soil. It would be best therefore to construct a 2 km runway of compacted 
dirt or perhaps crushed rock. This length would give the pilot room to shut down 
and come to a halt even if he’s going 75 m/s when he makes the abort decision. 

The VTOL, assisted conventional take off and landing system looks to be a 
very feasible and versatile way to meet the design requirements. Without the dual 
capability, either the endurance goal or the rescue capability would have had to 
been sacrificed. 

References: 

1) Class handout on Viking Main Engine 

2) Vertical take off program 

3) Vertical landing program 

4) Class handout: Chapter 10: The undercarraige layout 
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WF1GHTS AND BALANCES 


PATRICIA PERKINS 


From the original sizing example, Group 3 had an estimated weight of 7000 
Newtons on Mars (Nmars). As the design process progressed, the goal weight 
changed to 7400 Nmars. Component weights were calculated using a number of 
equations compiled by Jan Roskam (Ref 1). At the preliminary design stage, the 
gross take off weight was 7953 Nmars, with the majority of weights being 
approximations. Presently, few component weights remain estimates. The 
majority are known. As can be seen on the detailed weight breakdown (Fig 7-1 ), 
the final gross take off weight is 7502 Nmars. The final weight iteration to be 
run produced the following results: 


INPUT 1 

OUTPUT 

2893.5 

4053.5 

4053.5 

4349.7 

4349.7 

4419.0 

4419.0 

4435.0 

4435.0 

4438.7 

4438.7 

4439.4 


4439 lbs Earth = 7502 Nmars 


Maximum Take Off Weight 
Operating Empty Weight 
Maximum Landing Weight 
Useful Load Fraction 
Maximum Fuel Fraction 


7502 Nmars 
3802 Nmars 
5002 Nmars 
0.493 
0.333 
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Stability and Control provided a final center of gravity range of 9.35 to 9.3 
meters from the canard aerodynamic center. Although this range decreased 
considerably from that given at the preliminary design stage, no problems were 
encountered. All center of gravities fall within the range as can be seen from 
figure 7-2 except that for the "1 passenger, zero fuel" situation. This does not 
present a problem, however, because the aircraft would not be flown in such a 
situation. The center of gravity does fall between the landing gear, so the 
aircraft will sit steady on the ground. 



WEIGHT BREAKDOWN 

Moment Arm 


Group Indication 

Wt* 

S_W1 

X(m)** 

zmi 

Airframe Structures 

2747 

36.6 


26426 0 

Wing 

1300 

17 3 

15.300 

19890 0 

Canard 

795 

10.6 

0.225 

178.9 

Tail 

37 

0.5 

15.800 

5846 

Fuselage 

395 

5.3 

7.875 

3110.6 

Landing Gear 

1 17 

1.6 

7.875/15.5 

1456.7 

Nacelles 

49 

0.6 

16.000 

784 

Struts 

54 

0.7 

7.800 

421 2 

Propulsion Group 

746 

10.0 


10241 4 

Propeller Rockets 

20 

0.3 

16.000 

320.0 

Fuel System 

118 

1.6 

8.500 

1003.0 

Engine System 

34 

0.5 

5.375 

182.8 

Propeller 

431 

5.7 

1 7.000 

7327.0 

Thrusters 

143 

1.9 

.375/16.0/16.5 

1408.6 

Airframe Equipment 

292 

3.9 


2670 1 

Instruments 

17 

0.2 

5,375 

91 4 

Hydraulic Group 

108 

1.4 

7.875/15.500 

1262.3 

Electrical Group 

100 

1.4 

8.875 

887.5 

Electronics Group 

17 

0.2 

5.375 

91.4 

Furnishings 

50 

0.7 

5.875/7625 

3375 

Basic Empty Weight 

3785 

50.5 


39337.5 

Oil, Residual Fuel 

17 

0.2 

16.000 

272.0 

Operational Empty Weight 

3802 

50.7 


39609.5 

Fuel 

2500 

33.3 

9.000 

22500.0 

Payload 

1200 

16.0 

5.875/7.625 

3525/4575 

Gross Take Off Weight 

7502 

100.0 


70209.5 


* All weights in Nmars 

** All moment arms in meters from canard aerodynamic center 


Fig 7-1 
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Wt eg* 


Flinht Condition 

(Nmars) 

. Ml — 

A. Cross Take Off 

7502 

9.359 

B. 2 Pass, Zero Fuel 

5002 

9.538 

C. 1 Pass, Full Fuel** 

6902 

9.509 

D. 1 Pass, Zero Fuel** 

4402 

9.798 

E. Operational Empty Weight 

3802 

10,418 


* All center of gravities measured from canard aerodynamic center 
** For "i Passenger” flight conditions, passenger must be in front seat 


CENTER OF 6RAVITY TRAVEL DIA6RAM 



O WEIGHT 


Fig 7-2 
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AUXILIARY SYSTEMS 


Controls for the auxiliary systems are explained in the corresponding 
technical areas. 
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C OST anal y sis 


PAT MORONEY 


Utilizing the SAI Planetary Cost Model, a very rough estimation of the 
costs to design, engineer, test, and operate the Mars aircraft was 
determined. Shown below are the weights of various components of the 
aircraft entered under categories provided in the cost estimation software. 
The resulting costs are general amounts since the software was designed 
for spacecraft. A complexity factor of 1.0 was assumed throughout the 
analysis. The weights of the fuel and payload were not included in the 
analysis. Hard copies of the spreadsheets containing the totals follow this 


section. 


CATEGORY 

m. 

STRUCTURES 

757 

THERMAL 

110 

ATTITUDE CTRL 

100 

REACTION CONTROL 

37 

COMMUNICATIONS 

5 

ELECTRICAL POWER 

18 

PROPULSION 

194 


TOTAL COST (millions of 


n 


$ 59 $, 3 


If 150 kg is removed from structures $567.6 

If 50 kg is removed from propulsion $586.2 

If 150 kg is removed from structures and 

50 kg is removed from propulsion $567.5 


As shown, the most likely solution to reducing costs would be to build the 
aircraft out of a lighter material instead of decreasing the weight of the 
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propulsion system. 
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REACTION CONTROL 
COMMUNICATIONS It DATA HANDL 
ELECTRICAL PONER 
PROPULSION (ARM) 

SUBTOTAL 

SYSTEM TEST HARDNARE 

SYSTEM TEST OPS 

SOFTNARE 

SSE 

SEW 

PROS. MGT 


SUBTOTAL 

CONTINGENCY 

FEE 

PROGRAM SUPPGRT 
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STRUCTURE: MINUS 150 KS 


DSTLE 


bbvjuiuhcc 

THERMAL 

ATTITUDE CTRL i SETERMINAT! 
REACTION CONTROL 
COMMUNICATIONS i DATA HANDL 
ELECTRICAL PONES 
PROPULSION (AKNi 

*42.3 
*3. 1 
*31.1 
*13.4 
*3.3 
*5.3 
*0.4 

*12.2 

*15.3 

*13.7 

*3.2 

*0.4 

*0.0 

*0.0 

SUBTOTAL 

*134.3 

*50.2 

SYSTEM TEST HARDNARE 

SYSTEM TEST OPS 

SOFTNARE 

SSE 

SEH 

*93.5 

*27.3 

* 0.0 

*23.5 

*34.3 

. *8.3 

PROS. MGT 

*21.1 

*5.7 

SUBTOTAL 

*333.9 

*34.7 

CONTINGENCY 

*71.4 

*12.9 

FEE 

*42.3 

*7.8 

PROGRAM SUPPORT 

*9.4 

*1.7 


TOTAL ! *430. 5 ! *37.1 


*54.3 

*13.7 

*39.3 

*13.3 

*3.7 

*5.9 

*0.4 


*204.3 

*93.5 

*27.3 

*0.0 

*23.5 

*43.3 

*23.3 


*421.3 

*84.3 

*50.3 

* 11.1 

*537.3 
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PACKAGING AND ASSEMBLY 


MICHAEL ENRIGHT 


As was stated in the previous structure section, the aircraft will be divided at 
8 separate points which are shown and numbered In figure 5.10. The first three 
points will be along the main wing. Point 1 , just as point 3, will divide the wing 
into two sections. Point 2 is where the two wings will meet and be attached to 
the fuselage. This will break the wing into four sections, A, B, C, and D. Sections 
A and D will have lengths of 8.75 meters, and sections B and C will have lengths of 
10 meters. The engines will be easily disassembled and the propellers will also 
come off the engines. Points 4 and 5 act the same as points 1 and 3 , and point 5 
acts as point 2. By this design the canard Is also broken Into four sections C, D, E, 
and F. Sections C and F will be 5.5 meters In length, and sections D and E will be 7 
meters In length. The next part of the aircraft to disassemble Is the pod, It will 7 
disattach from the fuselage. The fuselage will consist of two bars, which will be 
connected by cross stiffeners and have a Mylar fabric covering. These bars will 
break up at points 7 and 8 . They will attach by screwing into each other and then 
locking into place, then the cross fasteners would be connected and the covering 
put back in place. The fuselage length will be approximately 13 meters, therefore 
there will be two pieces of 6.5 meter length, and two of 7 meter length ( there is 
an extra have meter since the pipes will have to screw onto each other. These 
pipes or tubes will made out of Boron/Epoxy (as stated in structures) of which the 
dimensions are given In stability and control. We were given by the spacecraft 
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group a tube in which the materials will be stored the dimensions of the tube are a 
4 meter diameter by a 14 meter length. This will be more than enough since our 
largest length Is 10 meters and our largest diameter Is a 2 meter chord for the 
wing. 


Rescue Scenario: Nick Jasper 

Due to the VTOL capabilities of this aircraft, it is ideally suited for rescue 
missions. In the event that it becomes necessary to perform a rescue, the mission 
will consist of a conventional take off, a vertical landing, a vertical take off, and 
finally, a conventional landing again. The mission will be performed with only one 
man aboard and in the second seat an expendable 600 N fuel tank will be strapped. 
Since hydrazine is much denser than a man in a pressure suit, it will fit in easily. 
This tank will attach directly into the main fuel supply via the refueling point in 
the back of the cockpit. It was for this purpose that the refueling point was 
placed there. Upon reaching the downed man the plane would have to execute a 
vertical landing, and then a vertical take off again. The flight out to the downed 
airman could consume a large amount of fuel, if the downed airman had been 
operating near the radius of operations when he went down. A sample fuel bum for 
a vertical landing at a weight of 6252 N (half a normal fuel load burned off) would 
require 62 N. To execute a vertical take off at a weight of 6790 N (6252 N minus 
the fuel burned landing plus the 600N man) would require approximately 190 N. 
Notice that while it takes only 252 N for the VTOL cycle, the plane originally took 
on 600N more fuel than it usually flys dual seat missions with. The difference of 
348 N means that in the rescue scenario, it can fly well beyond its normal two 
man operating radius. It can exceed its normal range by almost 300 km. It is 
therefore an ideal rescue vehicle. 
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DonRomshow 


The task of designing a manned aircraft for use In the Martian atmosphere has 
proved to be a very challenging activity. However, the success of this project appears 
to have been reached. The mam goal of the project Is to be able to fly an aircraft safely 
over the surface of Mars while gathering geological data mainly from the use of 
photograpy and radar. Specific aBy. the aircraft must accomodate the equivalent of a 
12000 N payload on Mars and be airborne for eight hours. 

To accomplish this god. the biggest obstacle to overcome m the preliminary 
design configuration had to be attacked directly. The extremely low density (1.42 x 1CT 2 
kg//m 3 on Mars, or abfibut 1 percent of Earth’s) was a prime factor In sizing the aircraft to 

a rather large wingspan of 50 meters. Since keeping the aircraft's overall weight to a 

•• *. v 

minimum was also a major concern. It naturaly followed that a suitable layout for the craft 
would resemble a flying wing*. It was this design philosophy of low weight and large 

wingspan that lead to the configuration shown m detal in the Three View Drawing. A 

, •£ •-*»-. * 

canard, which is nearly a ‘scaled down* version of the wing, was added for increased 

■t ' 

stability and control. 

The mtial analysis of the objectives and specifications of this project led to the use 
of solar energy as a means to propel the aircraft. The decrased gravity, colder 
temperatures, and thinner atmosphere of Mats as compared to Earth, combine to give 
the solar power effectiveness of the former's twice as great as the latter's. Also Include 
■unlimited* endurance, constant weight, flexible choices In the types of cruise, the 
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ever-increasing Improvements In the use of solar power, and one can see how this 

choice appears optimal. However. It was determined that the use of solar power would 

give better performance results If It was complimented with the addition of fuel cells. 

Due to the cete low weight and high power output characteristics, the rate of climb of the 

aircraft, for Instance, would increase about 50 percent. The combination of these power 

sources has been optimized with gross weight to yield the best performance possible, 

although a power sled must be used to get the craft airboume due to a lack of large 

excess power. , 

Vu*t 

Nonetheless, the design criteria for this aircraft pa£ been met and the goal of 
Martian air travel quite realistic. In this light, the detaRs concerning the aspects involved in 
the Major Technical Areas will now be presented. 


• • 
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DESIGN DATA SUMMARY 


Gross Weight 

: 6118 N 

Maximum Take-off Power 

Wing Loading 

: 25.18 N/m 2 

Power Loading 

Maximum Fuel Weight 

: 391.9N 

Fuel Fraction 

Useful Load Fraction 

: 0.256 




PrpprrkUon 

Geometry 


Engine Description 

Ref. Wing Area 

- 243 m 2 


AR 

- 10 

Number of Engines 

ale 

- 19.87 deg. 

Po max / Engine 

X 

- 0.30 

Weight /Engine 

Me 

- 0.15 

Cp el Cruise 



Prop. Diameter 

Performance 


No. of Blades 

Cruise R # 

- 7.84 E4 

Blade Cruise Rg 

Cruise h 

— 1.5 km 


Cruise M 

- 0.327 

Aaredynanto 

Cruise V 

> 81 m/s 

Airfoil 

Take-off Field Length 

- 400m 

High Lift System 

landing Speed 

- 45.3 m/s 


Max. Landing Weight 

- 6118 N 


OEI Climb Gradient (%) 

- 0.0 

Cruise; Cq, 

2™* Segment 

-Not Applicable 

•o 

Mtesed Approach - - 0.71 

Cu 

Sea Level (R/C) 

- 1.53 m/S 


Stability and Control 

Takeoff; Cj_ 

Static Margin Rang* 

. 0.10 to 0.30 

°L max 


Acceptable C.G. Range - 3.93 to 5.653 m 

Actual C.G. Range - 3.97 to 5.647 m Landing; 

max 


: 26.4 kW 
: r $3l.7 N/kW 
: . 84* 4 % 

«■ ; 

: Sm-Cb DC Brushless 
Electric Motor 

. 2 

m 15.35 kW 

- 15kg 

- 0.063 

-6.9 m 

- 2 

- 7.128 E6 

: LA 203 A 
: Simple Trailing 

Edge Rape 

- 0.0191 

• 0.75 

• 0.57 
« 17.3 

- 0.71 

- 1.32 

- 1.04 

• 1.64 


C ! f?!G!NAL PAGE kS 
OF POOR QUALFTY 



AAE241 
Spring 1988 

Initial Sizing Data Summary 
Group #4 


Gross Weight: 6559 N mars 
Wing Loading: 28.8 N/m 
Fuel Weight: No Fuel 
Useful Load Fraction: 0.16 

Geometry 

Ref. Wing Area - 243 m3 
AR- 10 


Aerodyanamlcs 

Cruise; Cqq - 0.0161 

e 0 - 0.75 
C L - 0.516 
(L/D)max - 18.6 

Take-off; C L • Unknown at this time. 

C L max - Unknown at this time. 
Landing; Cj_ - Unknown at this time. 

C^max - Unknown at this time. 


Maximum Take Off Power: 26 kw 
Power Loading: 1 88.1 N/kw 
Fuel Fraction: 0 - not computed yet 

Propulsion 

Engine/motor type: Brushless 

DC.with rare earth magets 
No. of engines/motors: 2 

P 0 max/engine: 17.44 kw 

Cp unknown at this time 
Cruise Performance 

h - 1500 m 
V - 82 m/s 
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Aerodynamics 


Kurt Heler 


In this section aerodynamic data are presented, including sectional airfoil 
characteristics, parasite drag data, drag polars, and an analysis of the canard. The 
aircraft Is essentially a flying wing with a canard attached by a short fuselage boom. In 
this analysis, some effects of the boom, such as body induced drag, will be neglected 
because of its small size C 1 .2 meters in diameter ) relative to the rest of the aircraft. 

Because of the low density of the Martian atmosphere (approximately one 
percent of Earth density), an airfoil had to be chosen which could operate at low 
Reynolds numbers, on the order of 2.5*10®. Recently, there has been a renewed 
Interest In low Reynolds number airfofl research. Most of this research has been aimed 
at reducing some of the losses due to laminar separation and the resulting high 
pressure drag and loss of 8ft. Low Reynolds number conditions occur when there Is a 
low air density, a low freestream velocity, or small airfoil chord lengths. Some 
examples of this flow can be seen In high attitude aircraft, low speed gHders, and small 
model aircraft. The actual Reynolds numbers In this Martian aircraft in cruise wBI range 
from 1.T10® at the wing root to 3.2* 10 4 at the wing tip. No airfofls could be found that 
could meet this requirement and also have a qmox of 1.5 or greater. With this in mind, 
the LA203A airfoil was chosen (Ref. 1). This airfoil has a maximum thickness to chord 
ratio of 15.7%. a sectional pitching moment of -0.170. a q max of 1.7. and an angle of 
attack for zero lift of -5.00 degrees (see Fig. 1 and Fig. 2). Using reference 2, the data 
given for the aircraft were then used to determine and derive the necessary properties 
of the wing. 

From initial string Iterations, an aspect ratio of 10 was chosen, and from this a 
planform area of 243 square meters and a wingspan of 50 meters was calculated (see 
Table 1). This gives a wing loading of 25.2 Newtons per square meter. A taper ratio of 
0.30 and a leading edge sweep angle of 19.78 degrees were chosen to meet stability 
requirements. One of the mam problems Involved with a tafltess airplane is to achieve 
lift and moment equilibrium simultaneously. In this aircraft a canard is used In 
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neutralizing the large nose down moment produce by the wing. Another method of 
neutraRzlng this nose down moment Is by using wing sweepback to place outboard 
control surfaces behind the center of gravity (eg), but the lever arms of the moments 
are very short compared to a conventional tafl. 

The canard also uses airfoil section LA203A. it has a ptanfomn area of 1 1.81 
square meters and a span of 10.89 meters (see Table 1). The canard is a 'scaled 
down* version of the wing, having the same wing properties, such as taper ratio and 
leading edge sweepback angle. In order to satisfy trimmed and stable flight the 
canard wfll operate at a higher lift coefficient than the wing. With this condfflon the 
canard wll stall before the main wing and create a nose down pitching moment. This 
nose down moment wll decrease the angle of attack and cause the canard to regain 
Iff. thus keeping the wing from staling. Because the cflrcraft Is not designed to clmb or 
descend at an angle of more than one or two degrees, stal will only occur if the 
aircraft's speed drops below staling speed, the aircraft encounters vertical gusts, or If 
inadvertant control inputs occur. * ’ : • - u ' 

The aircraft wM cruise at a Iff coefficient of 0.5T for the wing and T.T3 for the 
canard, producing a total lift coefficient of 0.567 for the aircraft. These coefficients 
correspond to a cruising speed of 81 meters per second. In order to meet these 
cruising requirements the wing wi be mounted on the aircraft at an angle of attack of 
-1.10 degrees with respect to the horizontal whle in cruise. The canard wfll be mounted 
on the aircraft at an angle of attack of 4.40 degrees, also wtfh respect to the horizontal, 
m cruise, the fuselage w* be at zero degrees angle of attack. At of thmi conditions 
are met for minimum trim requirements. Figure 3 shows a plot of canard tft coefficient 
vs. wing lift coefficient. It can be seen from ihfc graph that the canard wM stall at a 
CLmaxOf 1.72, and this corresponds to Q_ of 1.23 for the wing. Figure 4 is a plot of Qjot 
vs. angle of attack of the aircraft (fuselage). CuoT * calculated from the equation 
CltoT“ Owing ♦ 0 05 CLcan . where 0.05 is a constant assuming the center of gravity is 
not moving while the aircraft is In fRght. The aircraft wRI stall at a O max of 1.32, 
corresponding to an angle of attack of 6.80 degrees. As the aircraft approaches the 
stafl angle, the drag coefficient increases drastically. Table 2 relates Ranges in 
sectional lift coeffldent.to the changes in the secttpnal drag coefficient, beginning wtm 
a Sft coefficient of 1.50 up to 1.72 (also see Fig. 1 and Fig. 5). This data was suppled to 
the performance section and used in plotting power vs. velocity . 

The drag decomposition breakdown can be seen in Table 3 (see also Fig. 5 for 



sectional drag coefficient vs., sectional lift coefficient). The parasite drag. Cd 0 . 
consists of five separate contributions: the wing, canard, fuselage, vertical tail, and 
mlscelaneous drag (Ref. 3 and Ref. 4). Because the aircraft essentially has no main 
fuselage (a flying wing with a canard), the body induced drag can be considered 
negligible compared to the Induced drag of the wing. Even when the aircraft is 
climbing or descending, the angle of attack is less than two degrees for the fuselage, 
so induced effects can be considered neglllgible. The drag polar for cruise, climb, 
and descent and the drag polar for the landing configuration can be seen In Figure 6. 
The drag polar for the takeoff configuration Is the same as that of cruise because the 
aircraft is carted to takeoff speed without flaps deflected or landing gear lowered. 
Table 4 shows Incremental parasite drag and lift coefficients for various flap 
deflections. The aircraft will land with a 40 degree flap deflection, resulting in an 
Increase of Cqq from 0.0191 to 0.0670, Inducing landing gear drag. Figure 4 shows the Bft 
coefficient vs. angle of attack for the aircraft with flaps deflected 40 degrees. is 

increased from 1.32 to 1.64. This Increase of 0.32 Is two thirds of the Incremental C(_ 
Increase of 0.474. This is a valid approximation. An Oswald's efficiency factor of 0.75 
was assumed when calculating the drag polar for the aircraft in cruise, and a decrease 
In Oswald's efficiency factor of -0. 15 was assumed when calculating the drag polar for 
landing. 

Another assumption made In the design is that a laminar boundary layer is 
maintained and boundary layer transition should be prevented as long as no 
separation Is present. For Reynolds numbers between 50.000 and 500,000, It is much 
easier to maintain a laminar boundary layer than to achieve a transition far enough 
forward (Ref. 5). When calculating parasite drag coeffecients for some of the 
surfaces, the skin friction coefficient was calculated assuming laminar flow over a fiat 
plate. 

The wing lift vs. span distribution can be seen In Figure 7. A Schrenk 
approximation was used, averaging the elliptical lift assumption with the linear Bft of the 
tapered wing. These data were supplied to the structures section along with the 
quarter chord pitching moment of -0.170. 
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Cbo 

Facert 

Wing 

00139 

72.8% 

Canard 

00014 

7.3% 

Fuselage 

00012 

6.3% 

Vertical Tafl 

nrrm 

12.0% 

Miscellaneous 

nmnfl 

1.6% 


— 

— 
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Sectional Lift Coefficient vs. AOA 
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Lift Coefficient vs. Drag Coefficient (sect) 
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Drag Polars 


Cruise 
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PERFORMANCE 


Dan Ramshaw 


W-6118N 

S-243m2 


Data used in Performance calculations: 


eo«.90 




C&O-.018 


AR « 10 ^available * 26.5 kW 

h cruise- 1500m 


The analysis of the performance of the Mars aircraft reveals satisfactory 
results. The original solar design was complimented with the addition of fuel cells 
to provide the necessary power for adequate performance. Specifically, the 
time to climb to the cruise altitude of 1500 m was reduced from 26 munutes to 17 
minutes. However, the overall weight of the aircraft did not change significantly, 
but it was considered In the Iteration process of maximizing performance 
characteristics with trade-offs between engine size and gross weight. Due to' 
this, the aircraft will be able to meet Its given requirements with a resonable 
amount of ease and safety considerations. The results of the evaluation of the 
performance characteristics are as follows: 
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Climb 

Again, the rate of climb has been Increased significantly mainly due to 
the addition of fuel cells. This results m an Increase of power dfenabie (26.5 kW) 
while holding the gross weight almost constant. The consequence of this can be 
seen In Graphs 1 and 2 where the power available and power required are plotted 
against velocity at sea level and at 750 m. The latter is shown because the rate of 
cBmb Is Inearly and Inversely proportional to altitude, so the dmb rate^750 m will 
be the average climb rate over the entire range from sea level to the design 
cruise attitude of 1500 m. 

For safety reasons of avoiding obstacles, the climb rate is chosen to be 
the maximum possible climb rate of 1.5 m/s. The time, then, for the aircraft to 
climb to cruise altitude is 17 minutes. This clmb rate Is achieved by flying at 51 m/s 
which will result In a ground distance travel of 52.4 km. The climb speed's 
'cushion' above the stall speed of 44 m/s Is not large, but nonetheless, 
comfortable If the plane's speed Is monitored wet, Since the endurance of 8 
hours was set as an Input parameter to the selection of engine size, weight etc.. 
* the amount of fuel used will be the fraction of the amount of time required to 
climb, to the totg^pi amount of flying time available, or 3.5 percent. 

Cruise 

The power available and power required as a function of velocity can be 

' V .. 1 fVy, i* / 

seen m Graph 3. This graph corresponds to an altitude of 1500 m as specified by 
the design criteria. Since the sun Is obviously the energy source for the solar 




portion of the propulsion system, and the by product of the fuel cells 0. e. water) Is 
collected, the weight of the plane will not vary In flight. This allows the type of 
cruise to be chosen as both constant altitude and constant velocity. Simplicity 
and ease In the gathering of information from the surface of Mars are two main 
benefits resulting from this choice of cruise type. Instruments used to take data 
from the surface do not have to be adjusted nearly as much If the altitude and 
velocity remain constant. 

Since the purpose of the missions of the Mars flights Is to explore the 
surface. It would seem appropriate to cover as much distance as possible. This is 
achieved by cruising at the maximum speed allowed by the propulsion 
limitations of 81 m/s. It should be noted that climb Is impossible at this speed but 
this will not prove to be a problem for safety since the plane Is cruising nearly a 
mile above sea level. The time alowed for cruise conditions wit be the remaining 
time from the. given 8 hours endurance after the climb and the descent times 
have been alotted. Consequently, the cruise wi cover about 2000 km (1200 mBes) 
and take 6 hours 45 minutes. A design safety factor of having 10 percent fuel 
remaining has been built in to this analysis and has cut the cruise time and range 
slightly. Therefore, the cruise condition win use 84.2 percent of the total fuel 
available. 

Descent 

Assuming a cut-back In power of 85 percent and a flying speed of 51 
m/s. the rate of descent will be 2.3 m/s. The speed of 51 m/s is chosen because 
if. by chance, one of the engines should fal. this is the speed which wll permit the 
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aircraft to descend at the lowest rate. No^eckxe time wl be lost adjusting the 
craft's speed to the slowest rate of descent of .71 m/s. This one mqjor flaw in the 
aircraft's performance Is lustrated in Graph 4 showing power vs. velocity with One 
Engine Inoperative. However, assuming a normal descent, the aircraft w!8 reach 
the surface of Mars from cruising attitude in 1 ! minutes and cover a range of 33 km. 
Thus, descent wB use 2.3 percent of the Ibel available. 

s. 

Level Flight Envelope 

critic 'lo. ••• n ' • • ...wit. S " ‘. 

In order to Insure that the aircraft can cruise at 1500 m. the LFE must be 
constructed. This Is shown as Graph & From this. It Is evident that the cruise 
altitude Is dearty possble with the mqttmum attitude being 9750 m. 
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GRAPH 3 
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POWER AND PROPULSION 


Kentoro Sugiyama 


The final configuration of the power train system has been determined for the 
Martian aircraft. The preliminary power train system design relied completely upon 
solar power for propulsion. The final system design provides roughly 25 kw of power 
from solar photovoltaic arrays while 42.4 kw-hrs (5.3 kw for 8 hours) of supplemental 
power Is provided by regenerative fuel cells and associated reactant tanks. In short, 
the system at design conditions win produce approximately 26.4 kw of power available 
(P av ) after aerodynamic losses (due to propeller efficiency). Also, since the power 
output of the solar arrays Is totally dependent upon the solar flux intensity and operating 
temperature, the Pqv may flucuate according to altltude,^h^>spherlc, and seasonal 
conditions. 


In selecting a candidate power train configuration, several factors were 
considered: simplicity, technological feasibility, and technological outlook. Two power 
train configurations were examined with these factors in mind: closed combustion and 
solar power (a more detailed discussion of other configurations appear in (1). p. 48). it 
was immediately apparent that solar power was the configuration of choice due 
primary on technological outlook. It happened to also be simple (as far as 
photovoltaic collectors are concerned) and technologically feasible, with only some 
limitations. It is the author’s opinion that solar Is the power source of the future, and that it 
still has much untapped potential. Besides, one cannot Ignore the natural association 
of space exploration with solar technology. With solar power, two collection 
technologies were considered: Solar Thermal and Solar Photovoltaic (PV). 
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The selection of solar PV arrays as a basis for the power system Is clearly 
obvious. This Is due to the prohibitive weight of the solar thermal system, as well as 


aerodynamic drag created by the awkward placement of the collectors. 
Complicated tracking and collection subsystems further condemn solar thermal 
technologies for the time being. (1) Despite the fact that solar PV efficiencies are 
somewhat lower than solar thermal, technological advances have allowed Silicon (SO 
PV cells to increase from base efficiencies of around 14% In the late 70's to 20% In the 


mkj 80s. (2)(3)(4)(5) 

The barriers limiting Sl PV efficiencies have been*kJentifled and suggestions 

•■.Jr- . ,.<T r 

have been made to improve the quality of SI. where the projected efficiencies could 
be as high as 25% or more depending on technological advancement. (2) (3) (4) (5) 
Clearly, at the present rate. It would be Justifiable to predict that 25% efficient SI PV cells 
will be available around the turn of the century, which Is nearly within the same time 


frame of the Martian aircraft. 

Gallium Arsenide (GaAs5 PV cells presently have higher base efficiencies 
(20-25%) than SI. but tend to be heavier than Si per unit area and are prohibitively 
expensive. (6) Still, they remain a reasonable contender for PV array material If costs 

go down sometime In the future. For this report though. Si PV cels wi be used assuming 

ion mo’.i v,-oq -w>p c * -•< 
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Electrical motor designs were looked over very briefly, resulting from the choice 
of solar power. After some examination. It has been decided that two Rare-Earth 
Samarium-Cobalt Permanent Magnent DC Brushless electric motors would be 
employed. (1) Such motors have been projected to produce 22.4 kw of maximum 
conthous power, and 1 1.23 kw normal. They have been scaled flam present designs to 
have a mass of 18 kg each and shaft speed of 10000 RPM. (1) It is assumed that by the 
turn of the century, such motors wil be lighter and more powerful. For this study, a motor 

mass of 15 )<g and gearbox mass of 7.5 kg. 

;V r T; •"*•".-0 fyiD ' .. -.Sou ■ Or,fiC .>1 


ORIGINAL PAGE IS 

OF POOR QUALfTY 


3-L / 



In order to determine power train sizing requirements, a preliminary power and 
weight optimization study was conducted using a Macintosh SE computer and 
Microsoft Excel spreadsheet software. The study was conducted with Power and 
Propulsion Interacting exclusively with Weights and Balances and supplemental 
consultation from Performance. Three spreadsheets were programmed to calculate 
the following: Power train mass as a function of power desired by Performance, as well 
as performance characteristics as a function of weight; Weights and associated 
Center of Gravity values os a function of power train mass; and a propeller designer as 
a function of performance characteristics. 

All three were Integrated in order to compute optimum weight, as well as 
regenerative fuel cell (RFC) sizing under specified conditions. With this calculated 
information, a propeller was selected from the 40+ designs created by the 
spreadsheet, with careful attention given to diameter and efficiency. The Interested 
reader will find the detailed equations, and sample spreadsheet outputs in the 
appendix following this section. Spreadsheet values may be slightly off from reported 
values. 

To begin the study, the desired Pqv was input as the primary variable, along with 
other secondary variables, into the power train mass spreadsheet. The power 
produced by the solar PV arrays was Immediately calculated as a function primarily of 
solar flux Intensity, which was held constant. Thus, since P av and endurance were 
given quantities, the remaining power On kw-hrs) needed to be generated by the RFCs 
(PrfC) was found. The masses of the RFC. reactants, and their respective tanks could 
then be calculated. 

The RFC mass was calculated by dividing the Prfc by the specific power rating 
of the RFC. The reactant masses then were calculated by dividing the kw-hrs required 
(PRFC t ,m ©s endurance) by the specific energy rating of the RFC. The result 
represented the total mass of the product. Working backwards, using basic chemistry, 
the respective masses of the reactants were calculated. Spherical reactant tank sizing 
using Kevlar with a safety factor of 2 and 15% attachments was considered and 
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calculated. 

Calculating the mass of the PV array was simply the area of the array times the 
array density. After considering miscellaneous Items and electric motor masses, the 

r * ‘ 

total power train mass was calaculated. This power train mass was input into the 
Weights and Balances spreadsheet to compute the optimum airplane weight. The 
weight was immedtately input Into the Power required (Preqd) equation supplied by 
Performance. The resulting P r eqd wa$ Immediately Input Into the propeller design 
spreadsheet which generated over 40 cflfferent ‘sets' of propeller specifications. (Data 
from (7)) A suitable propeller was selected from this so called ‘shopping list' with regard 
to best compromise between efficiency, diameter, and shaft speed. The selected 
propeller specifications indicated the shaft power needed, which was then Input back 
into the power train mass spreadsheet. It is noted that the propeller selection process 
was the only portion of the study that required human Judgement. 

This Iterative process continued untl a consistent propeller design emerged. No 
appreciable convergence in optimum weight occurred, but the relative behavior of 
the model under different given conditions (e.g. solar flux, temperature, velocity, 
altitude, etc.) was mentally noted. Finally, a weight was decided upon which would 
reasonably satisfy Performance, Power and Propulsion, and Weights and Balances (as 
to C.G. location). At this point m the study, the P w value was fbred as wel as the mass of 
the RFC and reactants. 

. The three spreadsheets were then combined, modified, and finally truncated 
into a single spreadsheet where the weight and propeller diameter were held constant. 
Fine adjustments and corrections were made resulting in the Power and Propulsion's 
final version of Its respective spreadsheet, thereby concluding the optimization study. 

As a result of the optimization study, a Pqv of 26.4 kw was agreed upon consulting 
Performance. In order to generate that amount of power, approximately 31.2 kw of 
shaft power must be generated. Of this requirement. 5.3 kw w* be generated for 8 hours 
by RFCs (42.4 kw-hrs). The remaining 25.9 kw wH be easly generated by the PV arrays If 



the following conditions ore met: that solar flux intensity is 0.450 kw/nr>2; that operating 
temperature at a given altitude is 214 °K; and that SI PV array efficiency Is 25% with 
thermal coefficient of 0.05 9%/3°K at 298 °K (Si PV efficiency goes up as the 
temperature goes dawn). 

It is clear at this point to emphasize that shaft power, and thus P av will be directly 
affected by intensity and temperature, assuming technology has provided us with 25% 
efficiency by the time frame of the Martian aircraft. Figure 1 gives the P av as a function 
of intensity, at three different operating temperatures. For this report, it is assumed that 
temperature win vary from 200 to 228 °K. with 214 °K being the average value. As It can 
be seen, small variations In temperature make only a small contributions to P av . Taken 
in this light, examining P av as a function of altitude assuming a 2 # K/km temperature 
lapse rate (4) would bear insignificant results. 

Because of the unpredictable nature of intensity and temperature, the actual 
power available may fluctuate along a range of values during the course of the actual 
flight. It will also surely vary according to the latitude, the time of day. and the season. 
Since very little useful data was found pertaining to this facet, such affects on P av have 
been dismissed. However, a rough estimate of 'good* flying conditions as far as Power 
and Propulsion is concerned would be Ideally around noontime, at perihelion, during 
the spring or summer season (when dust storms occur less frequently (4)). By inspection 
of the Power Required vs. Velocity graph In Performance (Specific Reference 
needed), a generous amount of excess power is available for operating avionics, 
payloads, controllers, or other devices. However, this will be at some sacrifice to climb 
performance and/or cruising speed. 

For most practical purposes. It Is assumed that no more than 0.5 to 1 kw will be 
needed on a continual basis. This Is partly due to the decision by Weights and 
Balances to actuate a majority of control surfaces with wires and pulleys in order to 
save weight. In the worst case up to roughly 8 kw of power can be available (again 
varying with Intensity) to meet any contlgency. but at almost total degradation of all 
performance specifications. In this manner, payloads with higher power requirements 



may be flown Infrequently, waiting for suitable days where sufficient Intensity and cold 
weather are available. Another solution may be to 'pulse' the available power to all the 
devices that need It. This would be in a sense distributing the power, but such a 
configuration Is beyond the scope of this report. 

As far as fuel consumption is concerned, the one significant advantage of using 
solar PV arrays as a foundation of the power train is constant weight. The supplemental 
power delivered by the RFCs will also have constant weight. The water produced by 
the reaction of H 2 and O 2 was to be dumped Into the athmosphere to reduce weight, 
but it has been decided that the water will be stored on board in a closed cycle 

k * 4 'v=. 1 * 

system. This will benefit Weights and Balances with constant C.G. and Performance 
with constant P r ©qq (no weight loss) resulting In easier calculations. Also, such water 
can be used for drinking, cooling, or refueling purposes. The closed cycle system was 

designed to pump the water to an electrolyzer where water would be broken down. 

... 

using surplus Pqv, Into Its respective reactants for future use. This would, depending on 
electrolyzer efficiency and production rate, effectively Increase the range and 
endurance of the plane (not counting the endurance of the pilots). It was decided 
though, that the benefits of the electrolyzer- may not prove to be significant with regard 
to additional weight. Refueling therefore, will be accomplished with an external land 
based electrolyzer. Al that is required is for the aircraft to 'sit in the sun' for a day or two 
to break down the onboard water into useful fuel. 

The regenerative RFCs hove a specific energy rating of 0.4 kw-hrs/kg using the 
2 H 2 + O 2 * 2 H 2 O reaction at 66% efficiency. (8) This is the highest energy density 
available. The production of 42.4 kw-hrs. using H 2 and O 2 as reactants In the RFCs. wll 
result in 106 kg of water product. This means constituent masses of 1 1.8 kg H 2 and 94.2 kg 
O 2 . and tank masses of 5.4 and 43 kg respectively. Water wffl take up 10.6 m3, while the 
reactants occupy 0.168 and 0.063 m 3 respectively. The RFCs also have a specific 
power rating of 0.21 7 kw/kg resulting m a RFC mass of 24.4 kg. (9) Miscellaneous masses 
are listed In the sample output of the POWER-WEIGHTS FINAL spreadsheet In the 
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appendix. 


As stated before, the final propeller design was selected as the best 
compromise between efficiency, diameter, and shaft speed, from a list of propeller 
designs generated by the optimization study (a sample page is In the appendix). It was 
decided In the preliminary design report that two engines with counter-rotating 
propellers would be used. It was desired to keep the diameter within an acceptable 
range of values, for the study showed that single engine propeller designs had very 
large diameters. The final physical parameters for the propeller are as follows: 

Diameter of 6.9 m 
Pitch Blade Angle of 25° 

Advance Ratio of 0.9 

Performance Parameters are as follows: 

Efficiency of 84% 

Shaft Power Requirement of 15.52 kw/englne at cruise 

Shaft Speed of 782.6 RPM at cruise 

Cp of 6.30 x 10*5 at cruise 

Cpof 1-44x10^ at cimb 

Static Thrust ofl 177 N 

A higher efficiency of 86% could be used, but only at a significant increase in diameter. 

Finally, the engine inoperative drag of the propeller design is roughly 45.6 
N/engine or 91 .2 N total, assuming that pitch blade angle is 1 7.5° at 70% blade span, that 
the blade planform Is 1.1218 m^ per blade, and velocity at 81 m/s. 

In conclusion, the final power train system win consist of a mixture of two power 
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sources. Approximately 25 kw of power will be provided by the solar photovoltaic 

✓ 

arrays covering 85% of the wing, while the remaining 5.2 kw wfll be sustained for 8 hours 
by a regenerative fuel cell system with associated reactant tanks. As promised by 
Power and Propulsion to Performance. 26.4 kw for 8 hours endurance will be available to 
for consumption in the manner Performance sees fit. This availability is subject to 
flucuatlons due to variations of temperature, solar flux intensity, altitude, latitude, time of 
day. time of year, weather, and other Imponderables, not to mention unscheduled 
miscellaneous power consumption. What Performance gets in return for lack of 
predictability Is constant weight, and therfore consistant range, which means no 

variation of C.G. locations for Weights and Balances. Also, solar power is free. Initial 

■ ? 

cost will probably give better returns than other comparable systems, plus the 
possibility for better performance always exists. 


APPENDIX 

Power available and Power produced by P V array equations for Pp^c sizing: 

1) Pav“CPpv+PRFC)Effpcop 

2) Ppv ■ lnt(S W | no +S canfd )A%(Effpv+(298-T)d%/d*K)Effp cnd 

where: Effprop » Propeller efficiency 

lot « Solar Flux intensity (kw/m 2 ) 

■ Area of wing (m 2 ) 

Scanrd * Area of canard (m 2 ) 

A% » Percentage of wing and canard area used for PV array 
Effpv » PV array efficiency at 25°C Air Mass Zero 
T « Absolute Temperature (°K) 

3%/3°K ■ Thermal Coefflcent of efficiency 


3 - % 


■e 



Effpcnd “ Power conditioner efficiency 


Reactant Tank Sizing equation for Kevlar with safety factor 2 and 15% attachments (1): 


Mass tank ■ Massreactant* 2 ' 1 3E-03) T 


Equation as supplied by Performance for Power required: 

P re q d =(0.5 rho VA3 Saving Cqo + 2WA2/(S w j n g ic e Q AR rho V))/1000 

where: rho - Air density at specified altitude (kg/m 3 ) 

V » Velocity (m/s) at climb or cruise 
Cqo » Aircraft class 
W » Aircraft total weight 
e 0 - Oswald's efficiency factor 
AR « Wing aspect ratio 

Propeller Sizing Equations as used for Propeller Design Spreadsheet: 

p reqd * p shaft (E^prop) 
n - ((VA5 rho)/(C s A5 Preqd^- 5 
D ■ V/(n J) 

N-60n 

where: n * shaft revolutions per second 

C$ - Speed Power Coefficient 
J - Advance Ratio 
N - shaft revolutions per minute 
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Power Train/Weights and Balances Spreadsheet 


Performance Section 


l-kw/m2 

T-K 

0.480 

214.000 



Endrnce-hre 

Altitude-km 

V-m/# 

8.000 

0.000 

53.000 

Wlna Characteristics 

AR 

10.000 


Characteristics 


Wing S-m2 

243.000 


Rho-kg/m3 

0.016 

Canard S-m2 

11.810 


Cdo 

0.018 

Collector/motor Characteristics 


eo 

0.900 

PV Rho kg/m2 

0.414 


Cknax 

1.720 

A/ray/S-% 

0.850 


Welght-N 

6118.000 

PV Eff-% 

0.250 


VstaJt-nVs 

43.320 

Pwr Cond Eff-% 

0.920 


Excess Pwr-kw 

8.154 

TC-3%/3K 

0.050 


PReqd-kw 

18.292 




Range-km 

1526.400 

PPV-kw 

26.183 


Range-miles 

948.446 

P FC Goal-kw 

5.300 


Clmb rate-m/s 

1.333 

kwh recid 

42.400 


Propeller Specifications 

Shaft Power-kw 

31.483 


Cs 

1.500 

Pav-kw 

26.446 

after aerodynamic losses 

Beta-Oeg 

25.000 




EfRdency-% 

0.840 

Fuel Cel Charad 

eristics 


Advance Ratio 

0.900 

SpE-kwh/kg 

0.400 

«at 66% eff 


Diameter-m 

6.900 

SoP-kw/kg 

0.217 


Characteristics 





Shaft Power-kw 

21.776 

Power Train Wei 

ahts-kg 

Volume-m3 


Cp 

0.144 

1 EngW 

15.000 



Ct 

0.134 

FC Weight 

24.379 

1.833 


Static Thrust-N 

1177.319 

H20 

106.000 

10.600 


Thrust-N 

1401.621 

H2 Weight 

11.778 

0.168 


P Reqd/Eng-kw 

10.888 

02 Weight 

94.222 

0.083 


n-rps 

8.535 

H2TnkW 

5.369 



H-RPM 

512.077 

02Tnk W 

42.948 





H20Tnk W 

48.317 





Misc Pumps 

20.000 





Power Cond 

10.565 





HXR 

10.000 





Power Dist 

5.000 





Prop (x2) 

40.000 





Prop Shaft (x2) 

15.000 





Cont/Grbox (x2) 

15.000 





Misc Total 

115.565 





Total W:FC 

227.013 




Total W:PV 

89.668 




P&P Total 

462.246 

T 

t 

it'.,*- ' . r 7 





\i) 


3 -II 





Power-Weights Final vl .2 


Power Train/Weights and Balances Spreadsheet 


Given Conditions 


l-kw/m2 

0.450 

T-K 

214.000 


Wing Characteristics 


AR 

10.000 

Wing S-m2 

243.000 

Canard S-m2 

11.810 


Collector/motor Characteristics 


PV Rho kg/m2 

0.414 

Array/S-% 

0.850 

PVEff-% 

0.250 

Pwr Cond Eff-% 

0.920 

TC-3%/9K 

0.050 


PPV-kw 
P FC Goal-kw 
kwh read 

26.183 

5.300 

42.400 

Shaft Power-kw 

31.483 

Pav-kw 

26.446 


after aerodynamic losses 


Fuei Cel Characteristics 


SpE-kwh/kg 

0.400 

SpP-kw/kg 

0.217 


«at 66% eff 


Power Train Weiphts-kQ Votume-m3 


1 EngW 

15.000 


FC Weight 

24.379 

1.833 

H20 

106.000 

10.600 

H2 Weight 

11.778 

0.168 

02 Weight 

94.222 

0.083 

H2TnkW 

5.369 


02Tnk W 

42.948 


H20Tnk W 

48.317 


Misc Pumps 

20.000 


Power Cond 

10.565 


HXR 



Power Dist 

5.000 


Prop (x2) 

40.000 


Prop Shaft (x2) 

15.000 


Cont/Grbox (x2) 

15.000 


Misc Total 

115.565 


KM 

227.013 

89.668 

462.246 



Performance Section 


Kim arrr 

8.000 

1.500 

81.000 

Characteristics 



Rho-kg/m3 

0.014 

Cdo 

0.018 

eo 

0.900 

Omax 

1.720 

Welght-N 

6118.000 

Vstali-rrVs 

45.405 

Excess Pwr-kw 

0.372 

P Reqd-kw 

26.073 

Range-km 

2332.800 

Range-miles 

1449.511 

Clmb rate-m/s 

0.061 


Propeller Specifications 


Cs 

1.500 

Beta-Deg 

25.000 

Efficiency-% 

0.840 

Advance Ratio 

0.900 

Diameter-m 

6.900 


Characteristics 


Shaft Power-kw 

31.040 

Cp 

0.063 

ct 

0.059 

Static Thrust-N 

1177.319 

Thrust-N 

2142.100 

P Reqd/Eng-kw 

15.520 

n-rps 

13.043 

N-RPM 

782.609 
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Pav-l.T Chart 1 


Power Available vs. Solar Flux Intensity 
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STABILITY AND CONTROL 


Arlene Zander 


The original design of The Spirit of Champaign consisted strictly of a flying wing 
configuration. But as examination of the stabiBty and control problems began, the flying wing 
configuration was found to have Insufficient control power. Consequently, a canard was 
introduced for longitudinal control and a vertical tall was added for directional stability. 
Additional control surfaces include elevators on the canard, a rudder on the vertical tail and 
flaps and spoilers on the wing. The wing also has sweep, dihedral, and twist contributions. 
Each of these control surfaces and contributions will be addressed individually in greater detail 
later in this report. 

The first design problem confronted was the sizing of the canard. By examining the 
interdependence of center of gravity location, canard size, and canard location, graphs were 
obtained that showed canard sizes and locations for different center of gravity values. Due to 
the constraints of the weights and balances division, a most aft center of gravity range was 
desirable. Hence, the optimum choice for a canard had an area of 1 1 .81m 2 and a span of 
10.87m at a distance of 2.6316m from the canard aerodynamic center to the leading edge of 
the wing. This size and location provided the most rearward c.g. posstole whfle stll allowing a 
canard large enough to longitudlnaly trim. For further verification of these results, the graph in 
Figure 1 presents these data in dimensionless ratios for the desired center of gravity location. 
The optimum choice is Indicated with an arrow. Other canard characteristics include a taper 
ratio of .3. an aspect ratio of 10. a quarter chord sweep angle of 1 7 degrees, a dihedral angle of 
0 degrees, a zero lift angle of *6.0 degrees * and it is mounted at an angle of attack of 4.4 
degrees. 

At first appearance, the canard size appeared to be quite small so closer scrutiny and 
further Investigation was necessary. After additonal calculations, the canard size was verified 
as satisfying requirements because with the virtual flying wing configuration, only a small 
amount of longitudinal control power Is necessary. Thus the aforementioned canard was 
maintained as the truly optimum choice. 

Similar considerations to those in the sizing of the canard brought about the size of the 
vertical tall. The optimum choice Is a tal of area 20.22m 2 and a height of 10m with the leading 
edge located at the back of the wing. Although this tall has a relatively small moment arm and 
area. It still satisfies the directional stability requirements and needs only a small rudder 
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deflection to continue on engine-out take-off. This high capacity for directional stability with a 
small tafl (8.32% of wing area) Is due In part to the taper angle of the wing and Its contribution to 
directional stability. This topic will be addressed In more detail later In the report. The vertical 
tail location also satisfies the additional constraints of the power and propulsion division that 
the vertical tail not cast shadows on the solar panels and thus reduce the power available. 
Another advantage to the smal vertical taB size is that It minimizes Its contribution to the gross 


weight. 

The next topic addressed is the sizing and placement of the other control surfaces. 
Elevators on the canard span most of the length of the canard, except for where the pod 
attaches, and they have a chord that gives them an area that is 27.6% of the canard area 
Itself. The rudder spans the upper 7m of the vertical tall and has a chord that gives It an area 
that Is 27.2% of the tall area. Ailerons are located Just beyond the engines at 12m from the 
aircraft centerline. They are 3m long and have a chord that gives them an area that Is 1 .7 1% of 
the wing area. Spoilers are employed on the aircraft, but only during landing ground roll to 
partially destroy lift and bring the aircraft to a stop In less time. Original^. spoilers were 
considered for use during actual flight, but after finding that they would destroy more lift than 
was desired, they were used solely for landing ground roll purposes. An additional 
consideration Is that the spoilers have no fine control mechanisms; they are Imlted to a spring 
loaded release mechanism In order to minimize the structure and weight necessary to 
activate them. Thus, for these reasons. spoBers wBI not be further addressed because they are 
not precision controlled and have fittte bearing on stabity and control 

Further design conskterqtions Involve locating the neutral point of the aircraft. Based on 
the data used for the optimum canard size and krcatlon. the neutral point Isjpcated 2.8684frt 
behind the leading edge of the wing during cruise (Figure the changes m neutral point 
location for take-off and landing as defined by surface operations are negligibly small. On 


landing, the descent and approach angle Is very small and on take-off. only elevator 
deflection is used which does not affect the neutrd point location. 

In order to achieve a certain degree of stability, a static margin of 10% was chosen. This 
static margin not only keeps the center of gravity a safe distance from the neutral point, but It 
also gives a center of gravity range that is 1 .6736m long, beginning from .6602m behind the wing 
leading edge and extending to 2.3838m 2 behind the leading edge (Figure 2). This center of 
gravity range has a substantial length and In a climb at maximum lift coefficient. It alows for a 
trimmed and stable condition at a minimum elevator deflection angle of 30 degrees while the 
elevator deflection required to trim at zero lift coefficient Is -12.9 degrees (Figure 3). This range 
proves to be excellent m that It not only satisfies stability and control requirements but It also 
provides an excellent range for weights and balances. ' ~ 

The next topic addressed is various aspects of the aircraft configuration that contribute 
to the stability and control derivatives affecting longitudinal, directional and lateral motion of 
the aircraft. First, the wing dihedral angle necessary to obtain the proper variation of rofiing 
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moment coefficient with sideslip and variation of yawing moment with sideslip derivative 
values to satisfy specifications of the Addendum is 3 degrees^ . Secondly, wing twist was 
found to be 0 degrees. Next, the canard angle of attack necessary to maintain controlled 
flight at cruise is 4.4 degrees. Also, a wing sweep of 19.78 degrees Is determined and used for 
various reasons. One reason being that the Initial choice to have a sweepback angle came 
because of the important contribution to directional stability because the asymmetric 
dynamic pressure distribution normal to the lines of aerodynamic centers of the wing panels 
produces a force that will counteract sideslip, thus helping to stabilize the aircraft 4 . Another 
reason is that this angle brought the desired effect of moving the wing aerodynamic center 
and the center of gravity range back on the wing as compared to a rectangular wing or a wing 
with a smaller sweep angle. The final reason being that an angle of 19.78 degrees will be quite 
effective during the sideslip conditions defined In the Addendum. To verify these aspects of 
the aircraft configuration, please refer to Figure 4 where the control derivatives are presented 
in tabular form. The final specifications addressed are those defined in the Addendum for 
required control performance of the aircraft during maneuvers. All these data are presented 
in tabular form in Figure 5. Note that only small rudder deflections are necessary for lateral trim 
because of the contribution of the wing sweepback angle. 

In conclusion. It is evident from the data presented in the previous pages. The Spirit of 
Champaign Is trimmed and stable longitudinally, directionally and laterally during take-off, 
cruise, landing and during maneuvers necessary. 
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Figure 2: Diagram of Locations 





Figure $ Trim at max flft coefficient 



1 sidesilo anal* 

rudder deflection 


aileron deflection 

other 


<11900 

Cn. 

01189 

B 


B 


Qu 010357 
0.-00133 


<10632 

C»u 

00061 



Eg 




<10222 


<10041 

BPS 


1 


C«. 049781 


Hgu»4 CONTROL DERIVATIVES 


ORIGINAL PAGE IS 
OF POOR QUALITY 


N-lo 









m 

A 1 

| C"” 

D 

u 

wm 


tabilHv and Control Requirement* _ 







O 





u 

2.1 

I7ST5^5W73f75?75i5?S!f*HH 

V=.9Vr» 

S. -25.06* 

a 

2.2 1 

i f« i 

^■0' 


H 



full rudder 


El 

23 


V-1.1V™ 


B 



HOEaffH 

©-3.692* 




0*5! 

■■■■ 

O 

3.1 

ESS^EEESMBi 

0-30* 

■ »i ■ nm 

B 



cruise V& h 

MHE03W 

Q 

3.2 

^1-1 

d =30* 1 

tfCSauWW 

Q 



t^2s 

irii^SSiiSSMI 

Q 

4.1 

sta„ ~~~ 1 

CrrMD 


o 



CI»Clmax 


ra 

4.3 

rar^raiiiwliSIlgfl 

f >3 -io* 

■ena** 

o 

4.4 1 

full rudder sideslio 


■BGKiaP 




huhph 

L 1 


xi - < C 






























STRUCTURES 


Timothy Ehmke 


Extensive use of composite materials in all major components will help to minimize 
the weight of the Martian aircraft. The greater strength to weight ratio of composite 
materials, compared to standard aluminum, will reduce the primary structure's weight by 
approximately 25 percent (Ref. 1). At this time, weight reduction is the primary concern, 
therefore, the much greater cost of composites is not being considered during material 
selection. 

To obtain an initial sizing of the wing's structural members, wing loading diagrams 
have been made for two critical flight conditions. These conditions are steady-level flight, 
and on the ramp (Fig. la and 1b). For these diagrams, weights were supplied by the weights 
specialist. The estimated wing weight that was provided has been assumed to be 
distributed as the square of the chord length. The lift load has been calculated using the 
Schrenk approximation. 

From these diagrams, shear distributions (Fig. 2a and 2b) and bending moment 
distributions (Fig. 3a and 3b) have been determined. The torsional moment distribution, 
about the elastic axis (which has been assumed to coincide with the line of sectional 
aerodynamic centers), has also been determined (Fig.4). 

The wing structure has been designed to withstand the maximum moment acting 
on it at each location, obtained from the prementioned graphs. For the sizing of the 
structural members, an ultimate load factor of six has been used, with a safety margin of 1 .8 
due to increased variance in composite material properties compared to aluminum (Ref. 
2) 

The basic aircraft structural layout, to now be discussed, is illustrated In Figure 5. 

SPARS- Two metal matrix composites were considered for the spar. A 
graphite/aluminum matrix composite has been selected instead of silicon carbide 
(continuous)/ aluminum. Since the wings are so large, a relatively stiffer spar was desired. 
Even though the latter is twice as strong. Its relatively low modulus made the former more 
desirable (Ref. 3). 

The spars are comprised of six meter tubular sections, due to transportation 
constants Imposed by the spacecraft designers. They are located at 25 percent and 65 
percent chord (Fig. 6). Each section has a constant radius and thickness to simplify 
fabrication. They are also sized so that each section stores inside the adjoining one to 
save space during transportation. Therefore, adapters will be required to join the unequal 
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radius sections. * 

Using the previously discussed design requirements, an initial spar sizing has been 
done. The results are given in Figure 7. The thicknesses of the sections may appear small, 
however, the forward spar has been Independently sized to withstand the maximum 
sectional moment, while the aft spar has been sized to withstand one-half of this moment. 
Since this design should be able to withstand the maximum moments generated, no 
re-enforcements have been considered for these spars. 

RIBS- From the center Ine of the aircraft to 13 meters, the spacing of the wing ribs will 
be 0.75 meters. Out board of this the spacing wM Increase to 1 .0 meters (Ref. 4). Other ribs 
wil be added as reqlured by special wing features. They wffl be constructed of one of two 
materials, depending on their requirements. 

' Ribs required to withstand large toads, such ai control surface hinges or engine 
mounting, wll be made of the graphite/ aluminum metal matrix composite. The five center 
ribs will deflnately be mob* of this material, since they must be used to attach the body and 
tal to the wtr^'More ribs may also need to be made of this material, however, the more 
that are, the greater the weight of the wing structure. : ^ 

Therefore, as many ribs as possible will be made from £ dense blue foam stripped 
with carbon and Kevlar-wrapped. This rib design has proven to be very strong while being 
almost weightless (Ref. 5). The ribs are then attached' to the spars using a structural 
adhesiW. This is also the method used to attach the skin to the ribs (Ref. 6). 

SKIN- To furthur reduce the wing's structural weight, a skin of Mylar wfll be used on 
the bottom surface of the wing. This covering, however, wil net be used on the top surface 
of the wing for two reasons. First, the solar panels require asbmewhat rigid base for 
mounting. Second. It wM also maintain the airfbi section shapriTbetter than Mylar. By using 
a tearing edge skh'tfiickness that Is equal to the solarlarib^tftl^ skin thickness 

It is attached to, a smooth upper surface wi be achieved for the dSfel. The aerodynamic 
performance of the wing wffl, therefore, be improved. This more rigid covering wil also be 
used for the wing's leading edge. 

This skin wM be type HT graphite-epoxy laminate. It was chosen instead of Kevlar 
because its relatively large modulus wffl provide Improved shear buckling strength (Ref. 7). 

TAIL- The tail described on the freeze data sheet has proven much too tall to safely 
construct. Therefore, If design of this airplane Is to continue, a reduction in the tors height 
from ten meters, to seven meters is recommended. This wM allow it to be transported in one 
piece, instead of two as is now planned, it is this resized tal that is represented in Figure 5a. 
The tcffl.to leduce weight, wibSl covered with Mylar. - t: 

** fhe canard will be constructed similarly to the wing, ft will also be a 
graphite/aluminum structure covered by a type HT graphite-epoxy skin. Control surfaces, 
except for the spolets, wffl be of honeycomb design. The spoilers due to their large size wffl 
require a grophlte/alumlnum frame, covered by the rigid sldn. 
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Figure 6. Cross-Section View of Airfoil Showing Spar Location 
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SURFACE OPERATIONS 


Michael Brody 


The Mars craft win take off with a ground assist sled. The sled win bring the plane 
to Its launch speed and then release It. Then the thrust for the craft win be provided by 
two propeller engines. Landing win be done by throttling down the engines and gliding 
In for a landing. During landing, simple flaps will be deployed to provide extra lift and 
spoilers will be deployed to decrease the ground roll distance. The ground based 
facilities needed win be a hangar to store the aircraft, a refueling station, and trucks to 
push the craft around the runway area. The trucks win also push the craft up a ramp to 
elevate It to the height of the launch sled grasps (Fig. 1). 

A standard take-off configuration was first considered but there was not enough 
power available to make it possible in a reasonable length of runway. Using the fuel 
cell/solar panel power system, only about 30% * of the needed power was available. 
Rocket assisted TOL (take-off and landing) was also studied, ft would consist of three 
Viking Lander type hydrazine rocket engines to provide vertical and horizontal thrust 2 . 
This was discarded for several reasons. It was difficult to find places on the plane where 
horizontal thrust could be installed. There was also the extra weight of the fuel tanks. As 
the engines fired, there would be a weight decrease that would make stability and 
control difficult. 

The ground based sled that brings the craft up to take-off speed can be 
powered by several methods. Rockets, similar to the Viking rockets, could be 
attached to the sled and fired to bring the sled and craft to launch speed. Another 
possibility is to use a magnetic sled that uses very powerful superconducting magnets 
to float on top of a guideway containing Imbedded conducting cons’ 3 (Fig. 2). Initially, 
the sled will rest on wheels (Fig. 3). but when It reaches a speed of about 8 m/s, the 
sled's magnets will Induce a current In the guideway conducting coils. The magnetic 
field produced by these currents will lift the sled up to 10 cm off the guideway. 
Electromagnetic forces will also propel the sled forward. Another set of guideway coils 
will be energized in a timed sequence to produce a moving magnetic wave. This 
magnetic wave will continuously repel the sled's magnets from behind and attract 



them from In front. Accelerations of up to 20 g's have been theorized as possible using 
this scheme. The train’s magnets would have to be superconducting, since ordinary 
magnets would require to much power. With the advances In superconductivity, there 
win be magnets that are smal and strong enough to make this concept practical. To 
achieve the take-off speed (Vlq) of 46.9 m/s 1 . the sled could be accelerated at 1 1 
m/$2 (about 1.1 earth g's) for about 100 meters ( Sq- 100 m). (The data calculated for 
TOL was derived from equations In the McCormick reference.) The guideway will be 
about 400 meters to allow the sled and Its support towers to move ahead of the plane, 
out of the way of the ascending aircraft propellers. This guideway distance win also 
give the sled enough distance to decelerate to a stop, even with the aircraft attached 
(as in an aborted take-off). The plane wi be held 8 meters above the ground by the 
sled enabling the propellers to turn without hitting the ground. The sled will hold the craft 
by Its two wing landing gears. The third landing gear located at the nose will rest freely 
on a platform of the sled. When the plane reaches its launch speed, it will rotate Its 
nose up. pivoting on the sled's landing gear grasps. This rotation will last three second 
(t r0 f*3 sec). This rotation distance, Sr. wfll be about 141 meters. These grasps will then 

release the craft. The angle of cflmb. j£j, wfll be 3°. The transition or flare manuever 
cfistance, Sf r . is 47 meters. At this angle of climb, the craft wfll dear a 1 5 meter obstacle 

; r " 

in 263 meters. So, the total takeoff distance. Sf 0 taj' * 551 meters. The craft yvili need 

. ^ Cri-. f ’ wf* 

about 21,900 watts of power out of the propeflers to acheivethb climb crrgje. At the 
beginning of the cflmb, al the landing gears wi be retracted. ^ 

At the beginning of the landing sequence, the flaps wifl be deployed at a flap 

angle of 25 degrees (5f -250). This wM decrease the craft's airspeed from Its descent 
speed to Its approach speed, V^-45.3 m/s. in about 40 seconds. The craft will then 

lose altitude by gradually throttle down the engines and increase the flap angle to 5f 
*4(P, keeping its approach velocity constant. The approach angle wifl be about .7°. 
This corresponds to a total airborne distance. Sa< of about 1500 meters from a 15 meter 

obstacle to the beginning of the runway. When the plane approaches the runway, it 
wi deploy Its landing geais and totally cutoff Its power and align the propeier blades 
hortzontafy with respect to the ground. This wli enable the plane to land on standard 
size landing gears without having the propellers hit the ground. When the plane Is 
glding a few feet above the runway the plot wi inflate a controfled staA. which will drop 
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the croft softly on the ground. Brakes will then be applied to the landing gears to slow 
the plane's ground roll. Ground spoilers (lift dumpers) will also be deployed to 
decrease the ground roll length. The flare manuever wltt cover 75 meters (Sfrans * 75 m). 
which includes a 2 second delay while the pilot changes from the landing to the 
breaking configuration. The landing surface will be made of firm, dry compacted dirt or 

sand with a ground resistance coefficient (n)of .04. 4 This allows the plane to have an 
average wheel braking coefficient of .30. The deceleration of the craft win be 1 .45 m/s 2 
using both lancing gear breaks and ground spoilers. Thus the ground roll distance, Sq, 
win be about 708 meters. 

The craft will use plain flaps on the trotting edge of the wing to obtain a higher lift 
coefficient 5 . The length of each flap will be 6 meters, starting 1 meter away from the 
centerline of the plane. The percentage of the local chord that is made of flops will be 

20% (Cf/C ■ .20). Increments In wing lift coefficient (AC[) are presented In Fig. 4. (The 
data calculated for the plain flaps was derived from equations In the Datcom 
reference.) Also, increments in drag (aCq) and wing moments CAC m ) caused by the 
flaps are shown In Fig. 5 and Fig. 6, respectively. The flaps will only be used during the 
landing procedures. Their primary purpose is to decrease the stalling speed which in 
turn decreases the approach speed (V*) and ground roll distance (Sq). 

The plane wll use three landing gears. Two wltt be located under the wing, 8 
meters from the plane's centerline and 1.3 meters behind the wing's local leading 
edge 5 . The third landing gear wll be located on the centerline trailing edge of the 
canard. The three landing gears will be almost Identical, each weighing about 102 N. 
The difference between the nose and main gears Is how they are retracted. The nose 
gear is retracted from the front while the main gears are retracted from the side. (See 
Fig. 7 for their specifications.) If the plane is in a standard load configuration, the wing 
landing gears will each encounter a static load of 2120 N. whtte the nose will encounter a 
load of 1860 N 5 . Fig. 8 shows how the two different landing gears wfl retract. 

Spoilers are used to decrease the ground roll distance during landing. The 
length of each spotter wttl be 8 meters, starting 4 meters from the centerline of the plane. 
18% of the local chord wltt be the width of the spoilers. When the spotters are deployed, 
they effectively destroy the lift over the port of the span they cover K They also 
increase the parasite drag of the craft. Overall, the use of spoilers add .373 m/s 2 of 
deceleration 4 , eliminating about 245 meters from the ground rol. 


The servicing required for the croft wffi be general maintanence and refueling. 
The malntalnence wff be done in a hangar to protect the craft from outside elements. 
Refueling will consist of plugging the refuefing unit Into the servicing palette located on 
the craft. The unit wfil use energy produced by the solar panels on the craft to break 
down water Into hydrogen and oxygen. Electricity wl flow from the craft panels through 
the palette to hydrolysis electrodes in the refueling unit. Water stored in the craft will 
also be pumped into the refueling unit to serve as the hydrolysis reactant. The 
produced hydrogen and oxygen wfil then be fed back through the palette Into storage 
tanks aboard the craft. The top of the hangar can also be outfitted with solar panels to 
assist or replace the function of the craft solar panels during refueling. 

Ingress and egress will have relatively simple procedures. Before the plane is 
moved to the launch sled. Its canopy will open up for entrance. The canopy will be 
hinged on the right side of the aircraft. A restraining cord w* be attached to the left side 
of the canopy and fuselage to prevent the canopy from stressing the hinge from 
over-rotation. A ladder will be hooked on the open side of the fuselage for the fuHy 
suited pilot to enter or exit the cockpit. 
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Fig. 3: Sled resting on gu-ideway 
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Steel ( 5Cr-Mo-V ) 
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Normal, grooved tire 
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WEIGHTS AND BALANCES 


John Walter 

The weight analysis was performed by using an iterative method to determine gross 
weight. Component weights were determined from empirical relations taken from the handout 
from Torenbeek 1 . These relations require the use of English units, so ail component dimensions 
were converted before any calculations could take place. 

The wing weight was calculated by using the Torenbeek method. The result is a wing 
weight much less than that calculated In the midterm report. The flying wing concept allows a 
much lighter structural weight than a conventional fuselage airplane because a large part of the 
weight of the wing comes from the joint between the wing and fuselage. The crew 
compartment in our design is not viewed as being a true fuselage because of Its small size . The 
pod will provide approximately the same structural weight regardless of where It is placed. The 
forward placement is necessary In order to produce a stable configuration. Because of the 
structural complexity of the pod. Its weight Is estimated to be 10% of the gross weight. This value 
also takes Into account the necessary piping and tubing used to connect the fuel system. A 
flying wing can be designed In such a way that Its contents are not all concentrated at midspan. 
If the payload, power system and fixed equipment are distributed along the span, the bending 
moments on the wing can be reduced and the structure can be made lighter. 

Current and future technology will allow Instruments and flight controls to be made 
significantly Ighter than present systems. Flat panel displays will weigh less and provide more 
room In the cockpit for the pilots. This aircraft will have a relatively low gross weight and 
undemanding performance characteristics so that powered flight controls are unnecessary. 

A canard Is being used for stability purposes and Its weight has been calculated in the 
same manner as the wing. Because of its size, the canard Is not considered to be lightly loaded. 
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Several power system components are located within the canard to create an acceptable 


center of gravity location. Therefore, the canard is being treated as a wing during the weight 
calculation. The vertical ta« is also large In size but It w« not be heavly loaded during flight. Asa 
result, a normal vertical equation was used for estimation. 

The landing gear was estimated by the surface operations group to be 5% of the gross 

' ” -irti - 

weight. The forward gear Is located under the crew pod and the aft gear is located behind the 
empty weight center of gravity location to guarantee ground stability. The payload consists of 


the crew members, their space suits, and the accessories they will use during the mission. The 
weight of the maximum payload was given to be 700 pounds on earth which is approximately 

' v*' ‘ » »- / -■ • ; • 

1 174 Newtons on Man. 




The propulsion group offered the power system mass following research Into electrical 
motors, fuel cells and photovoltaic cells. It was found that a combination of fuel and 
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photovoltaic cells provides the most power for the least amount of weight given the span of the 


b 


wing. Tanks of liquid hydrogen and liquid oxygen are located within the canard. These 


y-- 


elements combine In the fuel cefe to produce energy and water. The water will be stored In 

tanks located In the wings. The reason for this Is to keep the gross weight constant during flight. 

The center of gravity, however, wfl not remain In a constant position arid wil move towards the 

rear of the plane. The two electric engines are located 9 meters in back of the leading edge of 
* 

* ^ * * ' *' ’ ' " ■ > \ ~****. y-. *■ 

the canard and 10 meters out on the span of the wing. 

Reductions In gross weight can be realized through the use of composite materials for 
structural components. The weights of the wing, and vertical tal have been reduced by 25% 
and the landing gear by 12% to account tor the use o? composite materials. The canard was 
not reduced but was. In tact, mode heavier so that the center of gravity could be moved 

i ' ‘ -• •*>' %*' ■ . w-' T erff rif 

forward. 
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Table 1 gives a brief history of the gross weight calculations from the initial sizing 

. V - - f . . ' . . < ♦ V . 

exercise to the final design. The design goal of 6000 Mars Newtons was not reached but the final 

** ' v V *y ■ ■ ,t>pr * 

weight of 61 16 Newtons Is a more realistic number. If the wing area obtained In the string exercise 
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had decreased as weight decreased, a significantly lower gross weight could have been 
achieved. 

Table 3 gives a detailed weight breakdown of the components of the final design and 
the locations of the centers of gravity as measured from the leading edge of the canard. The 
table also gives the weight of each component as a percentage of the gross weight. The 
values given are for the situation in which there are two pilots and ful fuel tanks. The formulas and 
values chosen for the Iteration seem to give reasonable results with a few exceptions. The 
weight of the vertical tad may be too low given its present dimensions. Modifications should be 
made to the tall to make It shorter so that the structure need not be so heavy. If the vertical 
dimension is decreased by about 3 or 4 meters and the horizontal dimension is increased 
accordingly Ighter materials can be used In its construction. The wings account for roughly 23% 
of the gross weight and If the crew pod is included the value is 33%. Total structural weight is 
nearly 50% of the gross weight. These values are all feasible If future progress can bring about 
the development of stronger alloys which will be used in critical areas of the wing such as the 
spars. The propulsion system Is rather complex and. therefore, wil probably require the full 28% 
which was calculated. Masses for propulsion components were provided by the propulsion 
group based on data obtained from NASA. Since the plane is being designed around a 
payload criteria It makes sense that the payload weight should account for a large percentage 
of the gross weight. The value of 19% meets this requirement and yet Is not unrealistic. A 
graphical display of the component percentages Is given In Figure 1. 

The weights and centers of gravity have been calculated for seven different situations 
and are shown In Table 2. For the sake of clarity, the hydrogen and oxygen tanks will collectively 

be referred to as fuel tanks. As the H 2 and O 2 combine they form water which is stored in tanks 

located In the wing. The first two cases CA and B) are for two pilots and either ful or empty fuel 
tanks. The next two cases (C and D) are for one plot and either ful or empty fuel tanks. Cases E 
and F wil occur only on the ground and they are for no pilots and either ful or empty fuel tanks. 
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The last case (G) Is the case for no pilots, fuel or water. Folowtng the values In the table is the 
accepted center of gravity range as provided by the stabllty group. The reference letter will 
indicate the location for each case on the C.G. Travel Diagram (Figure 2). 

The data seems to IncScote that the plane Is unstable for the last three cases. This is not 
true, however, because the rear landing gear wfll be located a considerable distance behind 
the actual centers of gravity for these cases. Although the plane Is stffl stable for case D It Is very 
close to being unstable. This situation can be greatly improved by placing an object of 
relatively large mass In place of the missing crew member. For example, the crew pod can be 
designed so that a rescue package along with a certain amount of balast can be placed in the 
empty space. The package can be dropped through a hatch In the bottom of the pod and the 
ballast will remain on board to provide greater stabllty. For the first three cases the center of 
gravity locations fal wen within the acceptable range and should pose no problem during flight. 

The operational empty weight is that found in case G from Table 2. The maximum 
weight for takeoff corresponds to case A In the table. From these two values the useful load 
fraction can be determined. 

Maximum Takeoff Weight * 6118 Newtons 
Operational Empty Weight • 4552 Newtons 
Useful Load Fraction ■ 0.256 

In summary, the weight analysis Indicates that very Ightwelght materials must be 
developed in order for the project to succeed. Work needs to be done m reducing the wing 
area so that the aircraft can become more structurally sound. The size of the vertical tall Is 
probably the most questionable feature on the aircraft. Its enormous size creates a number of 
weight problems. Most importantly. It must remain very light in order for the aircraft to remain 
stable. Perhaps one solution is to have a number of smaller tails distributed along the wing. 
These smaller tails can be made very Rght because they wM not have the large bending 
moment that the present design has. Because the purpose of the program Is to provide a better 
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means to study the Martian surface, the amount of Instruments on board should actually 
Increase as a percentage of gross weight. For the most part, however, this design of a Mars 
airplane Is not an Impossibility and with further research and development In the areas 
mentioned above, a flight date of 2010 Is a reasonable goal. 
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Gross Weight (N M ) 

Initial Sizing 

7200 

Midterm Weight 

6559 

Final Design Goal 

6000 

Final Design Weight 

6118 
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GROSS WEIGHT AND CENTER OF GRAVITY LOCATIONS 
FOR VARIOUS LOADING SITUATIONS 


(Distances Measured From LE. of Canard) 


REFERENCE 

LETTER 

PILOTS 

Fua 

TANKS 

WATER 

TANKS 

VtNUQO 

WEIGH I(Nm) 

C.G. 

LQCATlQN(m) 

A 

2 

Fid 

Empty 

6118 

5.070 

B 

2 

Empty 

Fid 

6118 

5.339 

C 

1 

Fid 

Empty 

5531 

5.342 

D 

1 

Empty 

Fid 

5531 

5.640 

E 

0 

Fid 

Empty 

4944 

5.775 

F 

0 

Empty 

Fid 

4944 

6.108 

G. 

0 

Empty 

Empty 

4552 

6529 


Acceptable Range During FBghh 3.973 m to 5.647 m 
Range on the Ground: 1.71 m to 7.49 m 


TABLE 2 



WEIGHT BREAKDOWN AND CENTER OF GRAVITY LOCATIONS 

Distances (X) are measured from the leading edge of the canard 


Component 

Mars Weight 
<Nm) 

X-location 

(m) 

Percentage 
of Gross Weight 

WINGS 

1416 

9.045 

23.14 

CANARD 

507 

1.315 

829 

VERTICAL TAIL 

136 

13.234 

222 

LANDING GEAR 

306 

5.903 

500 

CREW POD 

612 

2100 

10.00 

STRUCTURAL GROUP 

2977 

6.169 

48.65 

ENGINES 

111 

9000 

101 

FUEL CELLS 

838 

1.747 

13.71 

PHOTOVOLTAIC CELLS 

331 

8.890 

541 

PROPELLERS 

148 

13.500 

242 

MISCELLANEOUS 

279 

6.450 

406 

POWER PLANT GROUP 

1707 

5228 

27.91 

FLIGHT CONTROLS 

109 

9045 

1.78 

FURNISHINGS 

32 

2.100 

0.52 

AVIONICS 

119 

1.750 

1.95 

PAYLOAD 

1174 

2100 

19.19 

FIXED EQUIPMENT GROUP 

1434 

2.599 

23.44 


GROSS WEIGHT 6118 

CENTER OF GRAVITY 5.070 


TABLE 3 
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ATMOSPHERIC DATA 


Kentaro Sugiyama L*' 


The atmospheric data used by all group members to do needed calculations Is 
presented In the table below for easy reference and verification. Since temperature and 
density both vary with increasing altitude, not necessarily one value was used for each of 
those. For density, the assumption was made that it varied linearly with altitude so the values 
presented in the table were graphed . Subsequent values needed for calculations at 
various altitudes were obtained by interpolation or extrapolation of the graph. A similar 
technique was employed to obtain the temperature used. All other values used for 
calculations are the standard accepted Mats atmosphere values and are presented in the 
table. These were assumed to be uniform throughout the Martian atmosphere. 
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description 


value 

unis 

other info 








density ^ 

/° 

00156 

kfl/rr^ | 




f 

001423 




aravlty 

a 

0.377*earth ' 




solar flux intensity 

i 

ISM 1 

kw/m l 



temperature range 

T 

200-228 

deg K 



temperature used 

T 

214 

deg K 



kinematic viscosity 

V 

5.5227 E-3 

mYs 



S 

; • -* -‘tedrs&E* - -- -s' 

o 

n 
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AUXILIARY SYSTEMS 


Michael Brody 
and 

Arlene Zander 


The Mars craft has many systems that need control from the cockpit. To keep 
Installation and maintanence of these controls simple, the use of hydraulic devices 
was discarded. Flaps and control surfaces will be manipulated by wires that run from 
the control device to the cockpit. For instance, the ailerons will be connect to the 
control stick and deflected by pushing the stick left or right. The elevators on the 
canard will be connected to the control stick In the same manner except a deflection 
of the stick up or down wffl cause an elevator deflection. The rudder on the vertical tan 
will controlled by wires that are hooked to floor pedals In the cockpit. 

Flaps on the wings will also be controfled with wires. A wire will be looped around 
a hinge sprocket on each flap. This wire wil be brought to the cockpit and hooked up 
to a turn-wheel. As the wheel is turned, the flaps wfll be moved. There will be a direct 
linear relationship between the amount of degrees the wheel turns and the amount of 
degrees the flaps are deployed. 

Spoilers win not have any incremental control. Since spoilers are used only 
during ground ro*. there Is no need to be able to trim them. The spoilers will be spring 
loaded. The spring wll be activated by a wire-connected switch In the cockpit. Since 
deployment of the spoilers during flight would be catastrophic, each spoiler will also 
have a wire-activated latch thats connected to the flap Itself. After landing, the spoiler 
springs can be reloaded. 

The cockpit will contain several miscellaneous pieces of equipment. A radio will 
be onboard to communicate data and voice to the ground base. This radio will either 
transmit directly to the base, or It will relay Its signal via a communications satellite 
orblttlng the planet. Navigational equipment will also be needed onboard. Some of 
these instruments will need Information about terrain from the sateUite. while others, like 
the artificial horizon, will function Independently. Power to operate the radios and other 
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equipment wi be small compared to the avaBabie power supplied by the solar celts. 

The retracting and deploying of the landing gears will be powered. Electric 
motors on each gear wltt control the lengthening and thrfnking of the piston control strut. 
Enough power (up to 8 Kw) wil be present at TOL to operate the motors. If for some 
reason the power Is not avaiable or the electric motors fall, an emergency gear latch 
can be released causing the gears to unfold via gravity. Since the landing gears open 
up Into the wind, the drag force on the gears will lock them Into a fully deployed 
position. 

During the rescue scenario, supplies will have to be released from the empty 
passenger area. The supplies will fall through a trap door controlled by a 
wire-activated latch. This latch wil only be Installed during a rescue mission. When the 
trap door Is not In use, it win be bolted shut. 



COST ANALYSIS 


John Walter 


The cost analysis was performed by using a planetary cost model program on Lotus. 
The program was developed to use for spacecraft cost estimation so several of the Inputs 
required different interpretations. Included in the mass of the structure are the canard, wing, 
vertical tail, landing gear and propellers. The mass of the thermal portion of the airplane consists 
of the photovoltaic ceils and the space suits. The flight controls are considered to be the 
attitude control system. The avionics are divided up between the reaction control and 
communications categories. Also Included In the communications category are the 
accessories which make up a portion of the payload. The following table gives the mass 
breakdown of the components used in the cost analysis: 


Component 

MassCkg) 

Structures 

846 

Thermal Systems 

226 

FBght Controls 

26 

Avionics 

22 

Communications 

37 

Electrical Power 

30 

Propulsion 

302 


TABLE! 



The results of the costs analysis appears m table 2. Al values are In millions of dollars 
using 1985 prices. Communications accounted for the largest cost among the components of 
the plane. The task of developing a communication system for another planet Is much more 
Involved than It Is on Earth. Less is known about the power neccessary to communicate long 
distances on Mars because of the very different atmosphere and terrain. As a result, a great 
deal of research money is needed to develop such a system. Structures are the second 
greatest component of cost. Lightweight but strong materials are needed throughout the plane 
in order to keep the gross weight low and the center of gravity within range. New alloys are 
required to occompSsh this goal and extensive testing must take ploce. It Is because of this that 
structures make up the greatest portion of the engineering costs. In order to fit comfortably In the 
crew compartment, the pilots cannot wear buky spacesuits. Due to the lack of a pressurized 
cabin the plots are forced to wear some sort of pressure suit. Such a suit that can handle both of 
these requirements is not already In existence. Therefore, the development the suits and 
oxygen supply wll be costly. The power system In our design Is currently being studied for use In 
current applcations, such as the space shuttle. 

Withal of these factors In mind It is dear that the project w* require mqjor funding. The 
value of $1 .2 billon is not an unreasonable estimate of the final cost considering the amount of 
high salaried workers required for the program to be successful. In addition, testing and 
assembly as well as software development are very costly procedures. The program wi be 
successful If costs can be kept to a minimum. 
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ESTIMATED COST OF MARS AIRCRAFT PROGRAM 

(All values are In millions of dollars In 1986) 


Component 

DDT&E 

FHA 

Total 

Structures 

490 

105 

69.7 

Thermal 

115 

155 

272 

Flight Controls 

262 

187 

44.8 

Avionics 

83 

32 

115 

Communications 

265 

845 

111.1 

Electrical Power 

72 

275 

34.9 

Propulsion 

03 

00 

05 

Subtotal 

128.9 

1607 

2895 

System Test Hardware 

3725 


372.5 

System Test Ops 

492 


492 

GSE 

350 


350 

SE&I 

655 

230 

888 

Prog Mgt 

39.9 

240 

63.8 

Subtotal 

6915 

207.7 

899.0 

Contingency 

1385 

415 

179.8 

FEE 

830 

24.9 

107.9 

Prog Support 

185 

56 

23.7 

GRAND TOTALS 

9305 

279.7 

1,2104 


TABLE 2 
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INTERNAL CONFIGURATION 


John Walter 
Michael Brody 


The task of locating Internal structures and components of this aircraft was complex due 
to the center of gravity limits. Most of the volume of the plane falls behind the C.G. limit. As a 
result, many of the heavier components had to be located In or near the canard. The fuel tanks, 
which have considerable mass but small volume were place as far forward In the canard as 
possible. In order for the plane to be stable about its axis of symmetry, the liquid hydrogen has 
to be separated Into two tanks on either side of one liquid oxygen tank. The fuel cell Is too large 
to fit Into the canard or the crew pod so It Is located In leading edge of the wing at midspan. 
Water tanks of equal volume are located on either side of the fuel cells. The exact volume of 
the tanks is not known but they are expected to be over 7m 3 . The water win be heated be 
excess heat from the fuel cells so that freezing does not occur. Several pumps and pipes are 
located throughout the fuel system In order to transport fuel between tanks. The engines are 
located 10 meters out on the span and 9 meters behind the leading edge of the canard. A long 
shaft will be used to attach the propellers to the engine 

The pflots wll be seated back-to-back as shown on the Inboard proflle. Each pilot wHi 
have a small terminal to monitor flight status. Life support systems wHi be placed under and 
between the seats. The Instrumentation wR mainly be of the flat-panel dteplay type in order to 
give pilots more room. The flight control system wll be unpowered and consists of a series of 
cables and pulleys. For the case of one plot, the plane can be configured so that a payload 
storage bay will be located at or In front of the aft center of gravity location. The payload can 
be as heavy as the weight of the pilot and equipment It Is replacing, but if it any heavier the rate 
of climb and other performance characteristics will be adversely affected. The forward landing 
gear is located under the crew pod and 1.7 meters behind the leading edge of the canard. The 
main gear are each 8 meters out on the span and 5.78 meters behind the forward gear. 
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Packaging and Assembly 


Kurt Heier 
DanRamshaw 


The basic packaging assembly will consist of three cylinders. The first will 
contain the canard, vertical tall, and the fuselage; the other will stow only the wing 
parts. Each cylinder has a diameter of 4.5 meters and Is 7.5 meters In length. It should 
be noted that a shuttle can accommodate only one cylinder. Packages of spare parts 
will be shipped in remaining space in al three cyflndets. 

The first cylinder will hold three boxes. The canard wll be shipped in two halves 
and placed In a box of dimensions 0.33m x 1 .67m x 5.44m. Next to this box will be the 
vertical tall which wil be separated In half and placed in a box of dimensions 0.48m x 
3.00m x 5.00m. The fuselage wfl remain intact and stowed m box of dimensions 1 .40m x 
1 .40m x 1 .80m. Any extra space in the cylinder win be utilized by spare parts packages. 
The remaining two cylinders wll contain the wing. It wll be totally disassembled into 
wing spars, ribs, and sheets of skin. Landing gear, engines, and propeler blades will 
also be shipped in these cylinders. 

The assembly of the aircraft on Mars wll begin with the construction of the wing. 
Wing parts wll be shipped first in order to allow time for Ns construction. After the wing is 
assembled the attachment of the canard, fuselage, and the vertical tall will quickly 
complete the assembly. 



RESCUE SCENARIO 


Al Groups 


At the present time, the aircraft is unable to land anywhere except on a flat runway. 
The rescue scenario, therefore consists of an airdrop of supplies to the victims and the 
deployment of a land roving vehicle from a nearby base to bring them to safety. In essence, 
the aircraft does not have the capability to do actual rescue due to the rough, unpredictable 
terrain on the surface of Mars. Thus, deployment of life support systems will enable the victims 
to sustain life untB rescue by land Is made. It Is doubtful whether provisions win be able to be 
made for the aircraft to land In remote areas because the aircraft requires the magnetic sled in 
order to take-off. The aircraft wil be able to search for victims and relay their position to the 
land rover. This application wil provide greater speed In executing a search and require less 
manpoweeF to do so. Al searches of this type must be conducted during the day because of 
the use of solar powered engines. 



